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FOREWORD

The Space Technology Summer Institute was sponsored by the National
Aeronautics and Space Administration. It was held at the University of
California at Santa Barbara under the direction of the Department of
Mechanical Engineering. The program was designed for a duration of
six weeks beginning on June 2hth and ending on August 2nd.

The Institute was composed of thirty-five students, each of whom
had completed his junior or senior year in college. Graduate student
assistance was available in technical areas if needed. The students'
major fields of study ranged from all areas of engineering to mathe-
matics and physies., This wide variety of backgrounds gave the diversity
needed for a successful program. Someone was always present who was
familiar with the problems which were encountered and ultimately solved.

The purpose of the Summer Institute was to provide the fundamental
background in the field of space technology which the ordinary university
does not offer., After completion of this program, it is hoped that the
students will have sufficient interest and background to further
pursue their studies in the space field, either in graduate school or
in industry.

The main project of the program was a systems engineering course
in which the members were to create a preliminary design for an advanced
Mars orbiter scheduled for launch in the late 1970's. Due to the extremely
short six week time period, a conceptual design, rather than a detailed
engineering analysis was undertaken. Consequently, some aspects of the
design were only given g minimal amount of attention,

The students working on this program would like to éxpress their
thanks and appreciation to the people whose assistance made it possible
to design a workable and technically correct spacecraft: to Dr. William
Bollay for guiding the entire project and for giving vital technical.
information and assistance; to our own lecturers, Dr. Gray, Dr. Kuby,
Dr. Mitchell, and Dr. Wyatt for the background information which their
classes provided; to our guest lecturers Dr. H. Schuerch from Astro
Research Corp., Mr. R.F. Hummer from the Santa Barbara Research Center
of Hughes Aircraft Co. and to Dr. A.T. Nordsieck from the General Research
Corporation; to the people at the Jet- Propulsion Laboratery, T.R.W. and
Rocketdyne for their valuable technicai aid in the areas of communications,
propulsion, and observation. techniques; to A.C. Electronics for their
design. of the spacecraft lander; and finally to Professor Thomson,
head of the Mechanical Engineering Department and Program Director,
whose time and effort made the entire Institute possible.
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PROJECT ORGANIZATION

To achieve the objective of designing an advanced Mars orbiter in the
short time available, the class was divided into five groups for maximum
efficiency. Each group had its own particular area of research and
design. This type of organization allowed a more detailed analysis
and in the end provided a workable and feasible spacecraft design.

Bach individual group had a group leader and an editor who were
selected by the group members. A periodic progress report was turned
in by the leader of each group to the project manager so that all the
work being done could be organized and coordinated.

The groups included Systems Integration, Propulsion and Performance,
Power Generation, Communications, and Observation and Sensors. The
role of the Systems Integration Group was to coordinate the work of the
other four groups and to make final decisions on which systems were to
be included in the final design. They were also responsible for the
structural design and configuration of the spacecraft. The systems group
received the reports from each individual group and compiled the final
spacecraft systems report, The work of the Propulsion and Performance
group included the choice of the launch vehicle design of the retro
system for orbital insertion and design of the midcourse propulsion
and attitude control systems. Computation of the Earth-Mars trajectory,
Mars orbital characteristics, and launch window dates were also the
responsibility of this group. The power Generation group was concerned
with supplying the necessary onboard electrical power needed by the
spacecraft systems, both while in orbit and in flight. The Communications
group designed the transmitting systems for relgying the engineering and
scientific data from the spacecraft to earth. This group also designed
the systems for receiving the spacecraft command signals from earth.
Some research was dore concerning the earthbound tracking stations .
needed to receive the data transmitted from the orbiter. The Communications
group also was in charge of the onboard data storage system which is
to be used when the position of the spacecraft makes it impossible to
transmit data in real time. The Observation and Sensors group did the
actual design of the scientific payload which would be carried on the
orbiter and were responsible for the lander which is to make a soft
landing on the Martian surface. They also made the decision on the type
of Mars orbit which was to be used in order to obtain the maximum efficiency
from the observation and sensing devices onboard the spacecraft.

The project report is divided into two sections. The first is a
surmary of the proposed spacecraft design, The second consists of a
series of appendices which describe the proposed system in greater
detail and discuss alternate systems that were considered.



MISSION DEFINITION AND DESIGN PHILOSOPHY

One of the goals of the Summer Institute was the conceptusl design
of an advanced Mars orbiter to be launched in the late 1970's. In
fulfilling this purpose it was necessary to look ahead and determine
what the probable state-of-the-art in planetary exploration would be
during this period, It was assumed that the Voyager Program would be
completed as scheduled. This program would result in low resolution
photographs of the Martian surface from an orbiter and the completion
of preliminary geological and biological experiments by a lander.

Using these considerations as a starting point, it was decided that
our orbiter should produce extremely high quality and high resolution
photographs of different regions of the Martian surface and a topographical
map (a light radar system was used). Also, the orbiter should have
a lander capable not only of a soft landing but also of independent move-
ment across the planetary surface to perform scientific experiments at
various locations, " In addition, several onboard scientific experiments
during both the Mars intercept trajectory and Mars orbit should be
performed.,

A conservative approach was used and attempts were made to use already
existing and proven design concepts, When existing designs were not
adequate for the proposed systems, advanced designs were adopted.
Advanced designs are most notable in the areas of observation techniques
and communications, Whenever an untried system was incorporated into
the spacecraft, a detailed analysis of the system was performed in order
to insnre maximum reliability and complete research and development
before the production freeze date. The exact launch date was kept
flexible in order to achieve the meximum payload which could be inserted
into a Mars orbit. Time was not available for making a detailed three-
dimensional orbit calculation using the digital computer. It was
possible, however, to perform the computations of the performance para-
meters to a sufficient accuracy for a preliminary design such as this.
Due to the limited working time available, alternate systems were not
provided for most areas of the final design. In some critical areas,
such as commumications and power conditioning, redundant systems were
designed in order to insure maximum reliability.
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SUMMARY

The spacecraft proposed by the Space Technology Summer Institute
for advanced Mars exploration has been designed with three mgjor goals
in mind: 1) obtaining high resolution pictures of portions of the planet,
2) obtaining an accurate surface profile of the planet, and 3) landing a
mobile laboratory on the Martian surface. Pictures of 2 meter resolution
will be obtained using a multi-spectral line scanning camera. A laser
radar profile mapping system incorporated into the multi~-spectral camera
will let it accomplish the first two project goals simultaneously. To
accomplish the third goal the spacecraft is equipped with a lander which
will soft-land a mobile laboratory designed by General Motors to carry
out experiments on the surface of Mars.

The spacecraft has been designed to accomodate the camera and lander.
In order to deal with the tremendous earthward data transmission rates
required for high resolution pictures (on the order of 107bits per second),
laser communication will be used for the earth downlink. A more standard
microwave system will provide the earth uplink, lander/orbiter communi-
cations, and the earth downlink during transit to Mars. Power for the
spacecraft will be provided by large roll-out solar arrays. The large
arrays will provide 2000 square feet of solar panel.area, enough to supply
the required 10 kilowatts at Mars. The spacecraft will be launched from
earth using a Saturn V/Centaur launch vehicle. A bi-propellant rocket
engine will provide for midcourse corrections and insertion into a Mars
orbit, while cold gas jets will be used for attitude control and stabil-
ization.



Advanced Mars Orbiter and Surveyor
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PROPULSION SYSTEM

The objective of the Propulsion and Performance team was to chooge
a launch vehicle, design mid-course maneuver, retro, attitude control
and stabilization propulsion systems, and to plan an appropriate Earth-
Mars transfer orbit for a 1977-1979 scientific Mars orbiter. A design
parameter of this project was the use of a Saturn V for the basic launch
vehicle.

The final design of the propulsion system consisted of an uprated
Saturn V/Centaur and chemical mid-course, retro, snd attitude control
and stabilization units. This system is capable of lsunching a Mars
satellite with an initial payload of 87,000 pounds, placing this system
into a parking orbit around the Earth if necessary, transferring the
system from Earth to Mars, and placing it in a Mars orbit.

The mid-course and retro propulsion systems will use approximately
60,000 pounds of chemical bipropellent, hydrazine with UDMH and N0, , in
a single nozzle configuration. The attitude control and stabilization
system will consist of twelve thrusters using either compressed nitrogen
or hydrazine with UDMH and N2Oh bipropellant.

During the chosen launch window of September 4, 1977 to October 1k,
1977, a scientific payload of 20,450 to 22,000 pounds will be placed in
a Mars orbit. The transfer time for the Hohmann elliptical orbit used
will vary from 230 to 260 days, depending on the launch date. A 200 kil-
ometer sun synchronous, near polar Mars orbit will be used in order to
make a maximum use of solar energy and still give complete planetary
coverage.

Saturn V/Centaur Launch Vehicle

Our Mars mission dictates the use of . a high performance propulsion
system. The uprated Saturn V/Centaur system was chosen to produce the
energy required to put an 87,000 pound payload on a Hohmann transfer
orbit to Mars. This energy includes energy to escape the Earth’s influence
and give the approximate 3 km/sec initial velocity of the ideal Hohmann
transfer ellipse to Mars. Additional energy requirements needed further
in the trajectory will be obtained from rocket systems to be discussed
later in this report.

The Saturn V is the largest, all chemical propulsion system avail-
able to U.S. engineers. It is a three stage rocket with a weight break-
down and engine configuration as shown in Table 1l-l.

The burn time of the first stage is 150 seconds taking the vehicle
to an altitude of approximately 30 nautical miles. Four of the five
first stage rocket engines are gimballed for thrust vector control.
Separation is performed by eight 80,000 pound thrust solid rocket motors.

The second stage burns for 375 seconds. Four of the five second



TABLE 1~1

WEIGHT BREAKDOWN AND ENGINE CONFIGURATION

OF THE STANDARD SATURN V CENTAUR

Component
Stage 1

dry wt,

propellant

interstage

Stage II
dry wt.
propellant
interstage

Stage III
dry wt.
propellant
instrument unit

Centaur
dry wt,.
propellant

Weight (1b) Engine  Thrust (1bf)
' 6
289,000 5-F1 7.5 10
4,555,000 clustered
11,000
83,100 52 10.25 10°
969,100 clustered
7,500
25,700 1-J2 225,000
230,000
4,150
5,950 2 30,000
30,000

Fuel

Lox
RP-1

Lox
LH

Lox
LH

Lox
LH
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stage rocket motors are gimballed to provide thrust vector control during
flight. Eight 22,500 pound thrust solid rocket motors are installed for
ullage control. Four 35,000 pound thrust solid rocket motors are used
for separation from the third stage. The second stage uses a programmed
propellant mixture ratio sent from an instrument unit on the vehicle to
optimize engine thrust/specific impul.se history. The second stage has

a shutdown-restart capability for possible orbit maneuvers.

The main engine on the third stage is gimballed in pitch and yaw to
" provide thrust vector control. Forward roll control is provided for by
two fixed axis 150 pound thrust rocket motors. Roll, pitch, and yaw
control is available during coast periods by fixed 150 pound thrust
liquid rocket motors. Two solid rocket motors are used for initial
ullage control, there are also two 72 pound thrust hypergolic engines
for ullage control after any shut down and coasting period. Normally,
the third stage is equipped with four 35,000 pound thrust retro rockets
which would not be needed for this mission. These motors and associated
propellants would be removed, reducing the third stage weight. This
stage also has shut-down and restart capabilities which might be used
for trajectory maneuvers.

The Centaur is a highly sophisticated propulsion system utilizing
liquid oxygen and liquid hydrogen for propellants. It will be put on
top of the Saturn V as a fourth stage. The Centaur has a diameter of
ten feet, but by using a shroud this dimension will not limit the pay-
load to a ten foot diameter. The Centaur has two 15,000 pound thrust
engines gimballed + 4 degrees to provide thrust vector control. It
carries 30,000 pounds of propellants and has a firing time of k70
seconds. Restart capabilities are incorporated in the engines. Three
axis attitude control is obtained from two thrust clusters each con-
taining one 7 pound thrust pitch engine and two 3 pound thrust roll-yaw
engines for ullage control. The reaction control engines use hydrogen
peroxide monopropellant.

The basic Saturn V has its own instrument section located on top
of the third stage. It includes five major subsystems; 1) Environmental
control system which provides cooling of electronic equipment, 2) Guidance
and control systems, 3) Measuring and telemetry systems which transmit
signals from the vehicle or experiment transducers to Earth, 4) Radio
frequency system to maintain contact between vehicle and Earth for track-
ing and command purposes, and 5) Electrical generation system. The
Centaur also has its own guidance and control system.

Midcourse and Retro Propulsion

A storable liquid propellant system has been selected to execute
mid-course maneuvers and retro-fire, The propellants selected are
nitrogen tetroxide (N 0, ) and a 50/50 mixture of hydrazine (N H), ) and
unsymmetrical dlmethy%'hydra21ne (UDMH) These liquids prov1§e a high
performance, space storable propellant that is relatively reliable and
safely handled. They are hypergolic when mixed and, therefore, allow
engine restart with a simplified system.

The proposed engine will develop about 100,000 pounds of thrust at
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altitude with a chamber pressure of about 300 psi. Gimbgl mounting will
be used to allow additional control. Cooling will be accomplished by
combined regenerative and ablative cooling. The chamber and throat will
utilize the fuel as a coolant and the expansion nozzle will be ablative.
Propellant pumps will be used to feed the engine because of the large
quantity of fuel required on this mission. This presents a restart prob-
lem. One possible solution would be to add small pressure feed propellant
tanks to provide fuel ullage and gas generator operation during initial
start and restart. A schematic of such a system is shown in Figure 1-1.

Propellant loads vary with the change in velocity necessary to
achieve Mars orbit. The change in velocity varies with the orbit and
the launch date. Figure 1-2 shows the necessary fuel loads for velocity
changes between 11,000 and 13,000 ft/sec. Fuel is consumed at a rate of
294 1b/sec with a 100,000 pound thrust engine. Total mid-course and
retro burn times are shown for various veloeity changes in Figure 1-3.
Various propellant characteristics are given in Table 1-2.

The usable payload of the orbit vehicle varies between 16,800 and
29,680 pounds depending on the launch date. The total mid-course,
retro system propellant tank volume would require a maximum of 812 cubic
feet for usable fuel. This is broken down into 450 cubic feet for the
oxidizer and 352 cubic feet for the fuel. The maximum burn time required
would be about 6.5 minutes.
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TABLE 1-2
Propellant Characteristics
50/50 N,H, /UDMH Density = | 56.1 1b/£t2
N,0y, Density = . 89.9 lb/rt3
Combined Bulk Density = 74.3 1o/ft2
Propellant Specific Impulse (Ig,) = 340 sec,
(In vacuum with chamber press.=g00psi.)

Propellant Burn Temperature = 5370 °p.
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Stabilization and Attitude Control System

The propulsion system for zero gravity spacecraft attitude and stab-
ilization control has four purposes: spacecraft stabilization following
launch vehicle separation, navigation reference and sun acquisition,
attitude orientation prior to mid=-course maneuver and retro firing for
orbit insertion, and sensor attitude maintenance during Martian orbit. -

The propulsion system consists of twelve jets with 0.1 pounds of
thrust direc¢ted along the three spacecraft axes. The jets shall be
fired in couples or individually for roll, pitch, and yaw control. Two
propellants should be considered for the final design, cold compressed
nitrogen and a hydrazine with UDMH and N Oh bipropellant. A description
of both types of propulsion systems willzbe given in this report to
facilitate a final decision.

All figures and calculations are based on a scaled Voyager spacecraft
for which totel impulse and flight times were known. The scaling was done
by making a comparison between Mariner and Voyager crafts and applying
that scale to the Mars mission. The total impulse required for the
mission is 3600 pound-seconds. A safety factor of 1.5 was applied to
yield an impulse of 5400 pound-seconds.

The compressed nitrogen propellant has a specific impulse of 71
seconds. Therefore, 76 pounds of propellant and twenty pounds of hard-
ware are required, resulting in a 96 pound system with a volume of 5.6
cubic feet. The gas will be stored in spherical tanks at a pressure of
3000 psi.

The bipropellant has a specific impulse of 340 seconds. This requires
16 pounds of propellant and approximately 4O pounds of hardware, result-
ing in a system weight of 56 pounds. The nozzle will be cooled by radi-
ation.Teflon bladders pressurized with helium gas will serve as the
propellant expulsion system.

The cold gas system has the advantage of simplicity and reliability .
Little hardware is required in a pressurized gas system. However, the
low specific impulse of the  propellant increases the weight of the system
for a long duration, high total impulse mission. Although the bipropel-
lant affords a lighter system, it does so at the expense of reliability
and simplicity. Also, it is felt that the low thrust level required is
below the optimum bipropellant range. Consequently, the cold gas system
has been selected for our mission.
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Mars Trajectory

Our proposed launch date is September 4, 1977, giving a flight
time of 260 days. Ninty-seven days after launch, a mid=-course plane
change is required to account for the 1° 51' difference between Earth
and Mars' plane. The spacecraft orbit around Mars is circular and
200 km., above the surface. It is inclined 20° with the Mars-Sun line
and near polar. (This orbit meets the needs of the observations
group.)

For the proposed 1977 launch date, a hyperbolic excess velocity
leaving the Earth V__ = 15,720 feet per second is required. For
this V_ ., the Saturn V-Centaur can launch a payload of 79,000 pounds -
toward Mars. The mid-course plane change requires an additional
velocity increment of AVy = 2,730 feet per second. With this trajectory
the spacecraft arrives with a hyperbolic excess velocity of V
12,400 feet per second relative to Mars, This requires a veloc1ty
change near Mars of AV, = 8,920 feet per second in order to enter a
200 km. circular orbit around Mars. The total AV = AV +AV2 = 11,650
feet per second. Using the proposed bi-propellant roc&et sysStem a
total payload of 21,720 pounds can be injected into a Mars 200 km,
orbit., It is proposed that the lander be included in this payload
so that it can be directed to a desired location

For other launch dates the velocity requirements and payloads
delivered to a 200 km, Mars orbit are shown in Table A-4,



CHAPTER 2

POWER GENERATION SYSTEM

SPACECRAFT DESIGN SUMMARY
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POWER GENERATION SYSTEM

The preliminary power design for the craft employs the solaxr photo-
voltaic method of energy conversion. This system was considered to be
the most feasible way of obtaining a ten kilowatt power source for the
prescribed launch date. Such systems are currently in a state of the
art and will require a minimal amount of design work to meet the mission
requirements.

In-flight power will be supplied by a solar array covering the
basic structure of the craft. This was done because the extended ar-
rays would not be able to structurally withstand the accelerations
caused by in-flight maneuvers.

Once in orbit, the space vehicle will deploy four thin-film roll
out solar arrays. These arrays will be deployed from cylindrical con-
tainers mounted on the side of the structure in a position which will
orientate the array surface towards the sun. The arrays will also be
positioned in such a manner as to add over-all stability to the craft.
This will be done by taking advantage of the solar pressure acting on
a surface which is dynamically stable with respect to the center of mass
of the entire system. ’

The solar arrays will be backed up by a support system consisting
of a battery bank and a power conditioning unit. The batteries will be
used during periods of solar occultation and on occasions which require
more power than that delivered by the array. The power conditioning
unit will regulate the power and provide the necessary voltage and
current requirements for the proper operation of the control, com-
munication and observation systems.
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ARRAY DESCRIPTION

In-Flight-Power

In-flight power for the vehicle's guidance and communication sub-
systems is provided by three hundred square feet of conventional sili-
con solar cells bonded to the surface of the propulsion module. This
will provide a power supply of three kilowatts at 1 A.U. or approxi-
mately 1.5 kilowatts in the vicinity of the Mars orbit. This array will
be jettisoned after orbit insertion with the rest of the propulsion mod-
ule,

Orbit Array

The solar arrays used for power during orbit will be of the thin
film rolable type. The solar "blankets” consist ofcadmium sulfide solar
cells deposited on a flexible organic sub-strata (Kapton).

Orbit Array Deployment

The solar array deployment technique for the spacecraft employs a
roll-up storage system. Table 2-1 gives a display of the general design
parameters of the system and Figures 2«1 and 2-2 show the general struc-
tural designs involved. :

The advantages of this system are many. A folded array of comparable
size could be made to compete with roll-up arrays in terms of weight, but
storage space for such a system is prohibitive in our particular mission.
In addition, the roll-up system can better withstand the acceleration
and vibrational loads placed on it during launch and mid-course maneuver-
ing operations, thus increasing the overall reliability of the system.
Based on research studies by General Electric, Ryan Aviation, and Fair-
child Aviation, the roll-out method of deployment is the most efficient
in utilizing the extremely thin, lightweight, and flexible solar arrays
made possible by the use of materials other than the now standard silicon.

The deployment system itself consists primarily of four aluminum drums
120 inches in length, mounted on smooth bearings and stub axles at the
extremities. On each drum is wound a solar cell "blanket" whose dimensions
are 120 inches wide by 600 inches long, providing a total deployment sol-
ar area of 2,000 square feet., At five foot intervals on the bottom sur-
face of the "blanket", 120 inch long beryllium supports are 1ncorporated
running the width of the solar arrays.

The solar "blankets" are deployed when a bi-stem boom of beryllium
construction, extending 50 feet, is actuated after the Mars orbit is
attained., The bi-stem boom is essentially a variation on the De Havil-
land boom, consisting of two circular segments which are stored pre-~
stressed in flat rolls and are extended to fit one inside the other.
This boom is extremely compact and is extended by means of electric
servo motors at a rate of 1.5 inches per second. At the leading edge
of each solar blanket a reinforced berylllum support is installed and
attached to the bi-stem boom.
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The base support of the boom mechanism angles the boom (and the
array) at an angle © to the longitudinal centerline of the vehicle.
This is done to provide for solar pressure stabilization of the craft.
Such a configuration introduces a loss in efficiency of the array of
P cos se.

o]

The design considerations and calculations for this system were
performed while paying especially close attention to a study carried
out by General Electric (Report #685D42U6) on a similar system prod-
ucing 10Kw. at 1 A.U.
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SECONDARY POWER SUPPLY

The purpose of the secondary power supply is to provide power for
the experimental equipment during times the spacecraft is in eclipse.
All of the power during eclipse must come from the secondary power supply
since the solar cells are ineffective when not in the direct sunlight.
The circular orbit of our spacecraft requires one hundred and ten min-
utes of which fifteen percent is in eclipse. 1In other words, during
each orbit ninety-three minutes will be allowed for charging the bat-
teries while for seventeen minutes they will be discharging.

Battery Description

The secondary power supply chosed for our spacecraft is the nickel~
cadmium battery. This battery best fits the unique features encountered
in our mission. The parameters determining the selection of this battery
are included in the appendix.

During the four year orbit objective (each orbit being one hundred

and ten minutes), the batteries have to go through approximately 20,000
charge-discharge cycles. In order that the battery achieve this high a
number of recharge cycles, it is necessary that the depth of discharge

be very low. For this reason a twenty per cent depth of discharge max-
~imum is used. At this level the specific energy density of the battery
is sacrificed leaving only three watt-hours per pound as compared to
twelve watt-hours per pound at one hundred per cent discharge.

The battery power requirement is small because the spacecraft is in
the sunlight eighty-five per cent of the time. Also, during periods of
eclipse much of the observation equipment will not be used. Sufficient
power is supplied because the synthetic aperature side-looking radar
standby system uses six hundred thirty kilowatts of power for six nano-
seconds approximately three thousand times per second. The solar array
cannot supply this great an instantaneous power so that much power is
drawn from the batteries. Also, much of the instrumentation cannot with-
stand the frigid temperatures of the Mars eclipse necessitating power
consumption for the heating elements.

A significant characteristic of the nickel-cadmium battery is its
ability to be recharged at a fast rate. With the proper controls it is
possible to recharge a cell at a one hour rate. The energy for charg-
ing the batteries comes directly from the solar primary supply. A con-
trol unit regulates the charging current until the batteries are charged
and then cuts it off.

All significant-battery characteristics are listed in Table 2-2.
It should be noted that although the minimum battery life requirement
is four and three-quarters years, the nickel-cadmium cell has the
potential of eight years operation if the other components of the space-
craft are still operational.



Secondary Battery Characteristics
Nickel-Cadmium Battery

No. of Batteries ceieieeceviecennnns 2
No. of Cells per Battery et 30
Voltage (vOolts) tvvevveceaans ceeeane 37
Depth of Discharge (percent) ...... . 20
Specific Energy Density (WHr/Lb) ... 3.0
Capacity (WHT) teevrrneeenrneennnans 500
Weight (1b) «eevenn Creerenen | 167
Volume (£42) vevennnennenens 1.6

Cycle Life (minimum no. of cycles) . | 20,000

Battery Life (minimum no. of years). 4.75
Time of Charge (minutes) ¢vveecvuos. 93
Time of Discharge (minutes) vevee..e 17

Pable 2-2
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Power Conditioning

In addition to the primary solar srray energy source and the secon-
dary battery source, the power system requires a back up conditioning
unit. This sub=-system controls and regulates the raw power delivered by
the source. It is the function of such a system to condition the raw
power in such a manner that the power delivered to the onboard equipment
is presented in a useable form.

The conditioning system used will be & de-centralized arrangement.
In this process, the array output power will be regulated to a single
DC component of the voltage. This single regulated DC voltage will then
be bussed to the different power consuming sub-systems. Each sub-system
will then be responsible for converting this DC voltage to a waveform
suitable for the proper operation of their respective system.

The de-centralized system offers advantages in the fact that less
cabling (and power loss) is involved in power transport as compared to
having one central power conditioning unit for all sub-systems. Also,
interference of various systems (such as magnetic interference) can be
decreased by keeping the various individual sub~-system power conditioning
units isolated. Simplicity in distribution design is also an added ad-
vantage of the de-centralized system.

Figure 2-3 shows a basic distribution diagram of the electrical
power subsystem.

The major piece of equipment in the conditioning sub-system is the
"power switch and logic" section. This unit determines the source of
the raw power being used (i.e. whether the batteries or the arrays are
supplying the power). When the craft is in solar occultation and the
arrays are useless, the batteries are switched into the source position.
During solar orientation periods the arrays are used for power and the
battery chargers are employed until the battery banks indicate a full
charge. This same device also provides a means of dissipating extrs
amounts of power produced but not needed.

In addition to the switching system involved, the "DC Regulator"
actually conditions the delivered raw power to meet the specifications
of a true power supply. The resulting output of the system is a con-
stant DC voltage with as little ripple involved as is feasible.

This system provides for a single DC regulated voltage and an unreg-
ulated DC voltage to be bussed to the necessary sub-systems. The regu-
lated DC portion will go to the observation, communication, and control
equipment. The unregulated power will go to such systems as capsule
environmental control or heating units that will not require extremely
exact reference voltages. Use is made of as much unregulated power as
possible because there is a power loss factor involved in the DC regulator
which if possible should be avoided.
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COMMUNICATION SYSTEM

A necessary component of any space probe is the communications system.
The funciton of any communication system is twofold. First, it must serve
as a command link. The probe must be able to receive commands from Earth
to initiate various phases and functions during the mission. Those con-
trolling the mission must be able to make mid-course corrections, initiate
experiments, and demand engineering telemetry when needed. Second, the
communications system must provide for the transmission of gathered data
back to the Earth where it can be interpreted. The quantity of data which
can be collected on a given mission is primarily determined by the speed
of i1ne downlink, or the transmission rate.

Certain experiments obviously require that greater amounts of data
be returned to Earth. A television picture, for example, requires that
a great deal more intelligence be transmitted than, say, a temperature
reading. It is common practice that the analog data from the sensors
be converted to a discrete, or digital, form to facilitate transmission.
When in digital form, intelligence is converted to a 1-0 or YES-NO for=-
mat. Each one or zero is referred to as a "bit." Thus, the number of
bits required to convey a given event is a measure of the event's com-
plexity. To transmit a temperature would require, say, six bitsg.. a
television picture of extremely high resolution might require 10~ bits.
Thus, it is to our advantage to be able to transmit a large number of
bits in a short amount of time.

Since, for complex intelligence, such a great many bits of infor=-
mation need to be sent, it is natural to attempt to find methods of trans-
mitting the data in as convenient a manner as possible. One approach is
to store the data as it is collected, perhaps at an extremely high rate
compared to the proposed rate of transmission, in a magnetic tape recor-
der or thin film memory, and then play it back at a manageable rate.
This was the approach used in the Mariner probes. It has the disadvan-
tages of very limited data storage capacity in the case of a random
access memory, and relatively low reliability and relatively slow record
and playback rates in the case of a tape regorder. For instance, B high
resolution television picture containing5lo bits would require 10 sec~
onds to be transmitted at the rate of 10” bits/second, corresponding to
2 2/3 hours ... assuming that the recorder and data transmission link
could satisfactorily operate at these speeds.

Another approach is to send only part of the data. Often a consid-
erable saving in the amount of data to be sent can be obtained through
the use of data compression techniques. By clever coding, one can re-
duce the redundancy in the data by a factor of 5 to 10 or more.

~ The third alternsative is to use extremely high data transmission
rates, transmitting the (compressed) data as fast as it is procured.
This is referred to as real - time transmission. It has the disadvan-
tage of requiring great amounts of bandwidth, and thus correspondingly
great amounts of radiated power.
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A1l space probes up to this date have employed S-band (2.3GHz) mic-
rowave links to transmit the downlink to Earth. These systems have
proved to be an adequate measns of communication up to the present. The
S-band system's great reliability and moderate bit rates have sufficed
to relay data from deep space probes so far. However, to this date we
have contented ourselves with sending only a few million bits of infor-
mation per mission. Since very high resolution televiﬁion is one of the
objectives of this mission, requiring data rates of 10 bits/sec even
after data compression for real-time transmission, the present microwave
system is seen to be entirely unsatisfactory. At the transmission rate
of previous proves it would take years to send just a single high resolu-
tion picture!!

Of course, there are constant improvements being made on the current
microwave system. Through the use of higher transmitting power, shorter
wavelengths, and larger antennas the bit rate is being pushed upward. It
is conceivable that, through the use of several kilowatts of radiated pow-
er, and huge, unfurlable transmitting antennasg that the bit rate from
Mars could be pushed to the neighborhood of 10 bits/sec. This however,
is a brute force technique ... and any real technological breakthroughs
do not appear to be probable. Thus, one encounters innate limitations
in the microwave system. ,

An alternate system is the use of a laser downlink. The extremely
short wavelength at optical frequencies ( e.g. 10 ~ meters) allows one
to collimate the coherent radiated power emanating from the device into
a narrow beam, thus concentrating a far greater amount of power on the
receiver than for conventiongl microwave systems. More power means
greater bandwidths, and thus higher transmission rates. it rates of
over 10 bits/sec are completely reasonable, and even 10 bits/sec is
foreseeable in the remote future. The laser system has far greater
potential for deep space communications than microwave, and indeed may
be a necessity for any meaningful communications at all for probes to
Jupiter and beyond.

These tremendous bit rates do not come without a price, however.
There are many problems that need to be solved before such a system can
be feasible. Such drawbacks as low overall efficiency, multimode oper-
ation of injection lasers, atmospheric aberration and attenuation, and
the great need for stability and pointing accuracy need to be overcome.
This topic is discussed at some length in the appendix.

Despite the amount of technological refinement needed to make an
operational laser link fulfill the communication function for this
project, it was decided after considerable research, that the benefits
to be . obtained through the use of an optical system far outweighed the
disadvantages projected to be with us still in ten yesrs. The high
transmission of very high resolution, real time television; and the
voluminous quantities of data to be collected from the other experiments.
Thus, a large portion of the group's research was concerned with design-
ing and theoretically evaluating such a system.

A different set of circumstances are encountered when designing an
uplink (for command) for the system. High bit rates are not at all nec-
essary, or even desirable, since only short commands are to be sent.
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Capacities of 1-~10 bits/sec are entirely satisfactory. Great amounts of
radiated power are available here on Earth, so transmitted power is no
problem. The important requirement for an uplink is reliability. The
message must get through to the probe with little probability of error.
One mistake could, for example, fire the retrorockets at the wrong time
and send the probe plunging to destruction on the Martian surface. From
a reliability standpoint, all factors point to S-band microwave, and thus
it is this mode which will be used on the uplink. S-band will allow
communication with the probe whenever it is not eclipsed by Mars, since
there are transmitting stations situated over the entire Earth, and
because the S~band is relatively independent of ambient weather conditions.

Since this mission will involve a relatively sophisticated lander,
the need for communications with the surface is also a reguirement of the
system. Reasonably high bit rates will be returned from the lander, and
commands will need to be sent. Microwave communications over this rel-
atively short distance are entirely adequate, and thus will be employed
for two~way communications with the Martian surface. This system will
be outfitted with a 10 foot diameter directional antenna so that in event
of downlink failure on the part of the laser, the microwave system can
serve as an emergency back-up and transmit to Earth at a reduced bit
rate. This adds a certain amount of redundancy to the system. It is
planned to use X-band (8.5 GHz) on this link. The reduced beamwidth
offered by X-band is seen as an advantage in case Earth communication
must be initiated 'in the event of emergency.

Stabilization Requirements

Stabilization and pointing control for the laser downlink will be
kept within + 0.1 arcsecond. This will be accomplished through the use
of an onboard feedback and control system fed by a star-~tracker locked
on a laser beacon from the viecinity of the receiver. No excess fuel for
stabilization will be required, since the tracking system involves move=-
ment of only the telescope lens. One should note that the platform will
be held inertially within about 1 degree of Earth at all times after in~
sertion.

‘Optical Receiver and Laser Power

The receiver chosen for our system is a direct detection static
crossed-field photomultiplier with an S-25 photocathode surface. ghe
system is cooled to an overall equivalent system temperature of 50 K.
The assumed effective transmitter aperture is 36 cm. The assumed effec-
tive receiver aperture is 200 cm., The transmitted beam divergence is
assumed to be diffraction limited (2.88u radians). Using typical pres-
ent parameters for the receiving system, the required maximum_éaser
transmitter power to give a probability of error less than 10 = at an S/N
of 20 db is L3 watts. :

Downlink
The transmitter for the downlink will consist of a cryogenically

cooled array of gallium arsenide lasers, modulated in a PCM:CW fashion.
The beam will be spread to 12 inches initially, giving a beamwidth of
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about 3 microradians. This system, using a_proposed peak output. power
of 100 watts, is capable of transmitting 10' bits/sec over the maximum
Mars~Earth distance. The downlink system will include a microwave
backup link (employing a far lower bit rate) for redundancy in the event

of a primary component failure.
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SCIENCE PAYLOAD-PRIMARY SYSTEMS

The primary objective of this mission is to obtain high resolution
maps, including topography data, and bio-geological informati on of the
Martian surface. Instrumental in achieving the objectives, the follow-
ing systems are proposed:

1. Multi-spectrél Line Scan Camera

2. Laser Radar Profile Mapping System
3. Mobile Surface Laboratory

Multi-spectral Line Scan Camera

The primary instrument chosen for the mission is a 5 band, 16 chan-
nel multi-spectral line scanning camera. It utilizes a 120 cm. tele-
scope f/l optical system. This system scans a 1 km wide strip of the
planet's surface from an altitude of 200 km. The ground resolution of
the instrument at this altitude is two meters although the diffraction
limit of the telescope is 10 cm, offering considerable growth potential .
for higher resolution work. The images are formed on a fiber optic
array using optical fibers of 22 microns diameter. The fibers are
stacked in a semi-circular configuration which is swept by fiber optical
pipes mounted on a motor armature., Band splitting is performed by prisms
after scanning and the light is detected by photomultiplier tubes ?nd
silicon photodiodes. The unreduced data production rate is @ 3x10 bits
per second utilizing all 5 bands with 6 binary bit coding for each point.
The 2m resolution , 1 km swath width combination offers reasonasble cov-
erage of the planet and produces data at a rate that, with compression,
is compatible with the communication capabilities of the satellite for
real~time video transmission, thus circumventing the need for large data
storage facilities and maintaining a high duty cycle factor for the camera
system.

In oI er to achieve 2m resolution of the Martian surface, approxi-
mately 10 points must be covered. Using the five band six bit word
format approximately 10 15 pits would be required to describe the sur-
face. Given our communications rate of 107 bits/sec, complete coverage
of the planet cannot be achieved in a 1500 day mission, thus we must
trade off our coverage for resolution.

For our mission a 200 km sun synchronous polar orbit inclined ap-
proximately 20  from the plane perpendicular to the Mars-Sun line was
selected. The 200 km figure was selected because we felt it was as close
as was permissible under conditions of orbital life time and current
contamination criteria. At this altitude sufficient light is available
for video and infrared scanning at the high rates required for high
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resolution photography. Given the ground velocity of the satellite of
3.2 km/sec and the 1 km swath, eight hundred thousand data points are
covered each second. That is, 2.4 x 107 b1ts/sec are continuously pro=-
duced. Appropriate digital logic can be applied to reduce this figure
to 107 bits/sec with use of a relatively small amount of storage.

The camera itself is mounted in such a way as to allow two degrees
of freedom, thus, permitting scan outside the path of the satellite.
This permits more selective ceverage of the planet and allows reduction
in the amount of redundancy of the orbital path coverage, slthough at
somewhat lower resolution. We feel that all components of the camera
system excluding the scanning apparstus, can be classified as state of
the art for 1968.

General Configuration

A multispectral line scan camera that will take pictures of the
surface of Mars in five wavelength bands with a ground resolution of two
meters is proposed for this mission. A conceptual diagram of the config-
uration is shown in Figure L-l. Ground reflected sunlight is imaged by
a reflecting mirror optical system into an array of optical fibers. The
fibers are arranged in a semi-circle and scanned by a rotating disk.#
Optic fiber pipes supported in the disk direct the light into parabolic
collimating mirrors, also shaped in semi-circular strips. These mirrors,
along with the lens, focus the light onto a prism where it is divided
into a frequency spectrum. Fiber optic bundles relay the light from cer-
tain wavelength bands to various visible and infrared detectors. The
signal is detected and sent to a data bus for encoding and transmission.

Optical Mirror System

A mirror with a 1.2 meter aperature and a 4.8 meter focal length is
proposed in this design. The 1.2 meter aperature is necessary so that the
detectors will have sufficient illumination. A focal length of 4.8 meters
has been selected for two reasons. First, it allows for an acceptance
half angle in the fiber optics of 14.5 which is sufficiently small for
acceptable transmittance and minimal spreading. Also, the f/h mirror.
system is capable of focusing the image onto an image plane of fiber
optics which is sufficiently large, from the standpoint of fiber packing,
for 2m resolution and 1000m sweth width. A Ritchey-Chretien telescope
optical system is proposed, since the field coverage is the best and the
angular image blur is minimal. 1 Beryllium was selected as the mirror
and structural material because of its high strength and thermal merit.2
A servo mechanism is proposed for use on the secondary mirror for fine
adjustment and thermal compensation.

Fiber Optic Array

- A L.8m focal length project a 1 km swath width, at a satellite alt-
itude of 200 km, into an image plane of 2.4 cm in length. A ground res-
olution element of 2m x 2m must image onto a cell area of 48 u x U8 u.
Due to packing efficiency and optical fiber coupling, this areas must
be four optical fibers in diameter. 3 Using a spacing of 2 p for coat~
ing thickness, the optical fiber diameter used for transmission is 22 u.
However, a transmittance loss of 0.67 is incurred due to thls packing
arrangement.

* The rotating scanner concept was oriﬁinally proposed
by the Stanford group of reference
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In order to decrease the rate of the scan motor, 16 channels are
proposed. These 16 channels are arranged in an array of 32 by 1000 fib-
ers. Due to the motion of the satellite the ground image moves across
this array. A diagram of this fiber optic array is shown in Figure 4-2.

Scanning Process

The array of 32 by 1000 fiber optics is bent into a semi~circle for
rotary scanning. 1In order to increase the time allowed for detection by
the photo-multiplier tubes and the silicon photodiode, four channels will
be scanned simultaneously. The four channels are spread in a semi-circu-
lar strip, with four sets of semi-circular strips mounted vertically,
thus giving a total of 16 chennels. This semi-circular configuration is
shown in Figure 4-3,

A spinning armature supporting eight fiber optic pipes, as shown in
figure L, scans the ends of the semi-circular fiber optic array. To
accept the light, at a disk to array spacing of 30 m, the eight fiber
optic pipes used for scanning are 63 p in diameter. At a 3.2 km/sec
orbital velocity of the satellite, 1600 two meter wide lines must be
scanned per second. Since 32 lines are scanned during each revolution,
50 revolutions per second is the spinning rate of the disk. 50 rps is
equivalent to 3000 rpm, and it seems reasonable that a motog lifetime
of 40,000 hours could be expected at this operating speed.

Dispersive Optics

A conceptual diagram of the light dispersive system is shown in
Figure L-L. The outlets to the eight 63 u diameter fiber optic pipes
supported in the arm of the scanner are spaced about one cm apart. The
light from four of these fiber optic pipes will be projected onto four
parabolic collimating mirrors which are cut into a semi-circular con-
figuration. These four beams of light are focused to a point impinging
upon four prisms. These prisms disperse the light into multiple fiber
optic bundles which terminate at the appropriate detectors.

Wavelength Intervals and Detectors

Coverage in both the visible and the near infrared is desired.
Therefore, five wavelength intervals were chosen in the following
regions:

Visible Near Infrared
0.h§u-0.55u 0.75u~0.85u
0.55u=0.65u 0.80u-1.2u

0.65u-0. 75u

Photomultiplier tubes were selected as detectors for the three visible
and first infrared region, and a silicon photodiode was selected in the
infrared region (0.8u-1.2u). > These detectors are the most sensitive
avallable, have fast reaction times and afford good signal to noise ratio
for the intensities available. The technology in this area is well ad-
vanced and was not explored in detail by the group.
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Power and Weight Requirements

The systems weight allotment for the multi-spectral scanner was ap-
proximetely 2000 1bs. This number is rather conservative. Assuming that
the primary mirror and camera supporting structure is constructed of
beryllium (density .80), a crude estimate can be made of the weight of
the system. The breakdown is:

1. primary lens (120cm) 900 1lbs
2. support structure 600 1bs
3. scanning detectors and '
supports 40 1bs
4, secondary mirror, servo
and support 40 1bs
5. scanning mirror ’ 100 lbs
Total 1680 1bs

The power required for scanning and detection is less than 50 watts.
These estimates do not include the weight or power requirements of exter-
nal servo machanisms, which if present could be as much as 10% of the
overall system weight. The above breakdown is conservative by current
standards in that the total volume calculated for the primary mirror was
based on that of a cut cylinder with a center thickness of 10 cm without
edge trimming which represents considerably greater volume than is actu-
ally required. Also the external structure weight was estimated using
guidelines appropriate for earth-based telescopes rather than space sys-
tems. Our weight figures should by no means be considered an efficient
payload weight schedule, however, they do demonstrate the feasibility of
such a system if the Saturn V vehicle is utilized.

REFERENCES
1. Hughes,MSPS Report; SBRC page 2-35
2. Hughes, MSPS Report; SBRC page 2-39

3. M.S. Kapany, Fiber Optics, 1967, Academic Press, page 83.

4, "Demeter," Stanford Project on a Multi-spectral Line Scanner

5. Hughes, MSPS Report; SBRC, pages 2-46 to 2-Lk9
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Laser Radar Profile Mapping sttem

One of the primary purposes of the mission to Mars is to obtain high
resolution pictures of the planet's surface. To meke these photographs
more rewarding, it is often desirable to supplement them with profile
mappings, i.e. high resolution altitude measurements of the surface.

The proposed optical laser mapping system will do just that.  The laser

radar system, commonly known as "lidar," uses a frequency modulated ‘

continous wave laser beam to give a profile maep of the Martian surface.

This map will have two meter resolution to be consistent with the Multi-
spectral camera system. Range measurements will be accurate to within a
few centimeters. ’

The FM-CW laser radar chiefly consists of a transmitting system,
receiving system, and signal processing system. A continuous wave gas
or solid state laser capable of 2 to 3 watts ouput at wavelengths rang-
ing from 2.3-2.6p or 2.8-3.5u should be used for a transmitting source.

A modulator (frequency modulation at 1.14 khz.) and an optical system
(chiefly a focusing lens and rotating mirror) provide the remaining com-
ponents of the transmitter. The receiving system contains a one meter
squared Cassegrainian optical system and a scanning system using optical
fiber techniques. Signal processing is done by ampliflcatlon? detection,
mixing, counting, and conversion systems.

The total system requires 1102 watts of power. This figure, of
course, 1s subject to change depending on improvements in laser effi-
ciency over the next ten years. The total system weighs 216 pounds and
has a total volume of approximately 21 cubic feet. System stability
should be maintained to within one second of arc in roll and pitch
directions to provide adequate stability of laser transmitting and re-
ceiving systems.

This system will map the terrain of Mars at a rate of 3.20 square
kilometers per second assuming a 200 km orbit. Considering a 16 gray
scale level is used for mapping, the data rate is on the order of 3.2
mega bits per second.

It does seem feasible to combine scanning equipment of both the
multi-spectral camera and lidar systems into one in order to reduce
redundancy and also provide bit by bit correlation between camera and
- laser profile pictures.

For a detailed analysis of the above proposals, refer to Appendix D.

Mobile Surface Laboratory

The lander system, known in most technical literature as the '"Mobile
Surface Laboratory” (MSL), is primarily a biologically oriented roving
vehicle although it does contain apparatus for geological and physical
experiments. It is a six wheeled machine of very high mobility and low
center of gravity, and capable of motion over most kinds of soils and
terrains. Four wheels are rigidly connected by a frame and the other
two, plus frame, carry the power supply. Carrying its own communications
equipment, it is capable of transmitting 50,000 to 200,000 bits per
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second of information to the orbiter. The MSL contains an on-board com-
puter which controls the various experiments while also making decisions
as to actions it should take to avoid obstacles or potential dangerous
situations that have been sensed by its TV .cameras, infrared radiometer,
ete.

The vehicle is del ivered to the Martian surface by McDonnell designed
system of ejection from a sterilized "pod" in which it is carried to the
planet. A series of retro-fires, attitude readjustments jettisons, and
parachute maneuvers lower the lander to the ground on a "rocket propelled"
platform controlled by radar altimeters. Once on the surface the rover
is deployed simply by crawling from the platform. By Earth control, it
then proceeds to its first experimentation site and begins relaying data.
After experimentation has ceased or a series of negative results are
returned , the MSL may move again and again to give scientists a very
varied and useful array of information concerning the surface and atmos-
phere of Mars.

A detailed description of the MSL appears in Appendix D.
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SCIENCE PAYLOAD SECONDARY SYSTEMS

Should the weight and spacial limitations of the mission permit, a
number of secondary systems are proposed to conduct experiments which
may not be included on prior missions or may be of interest to repeat.
These experiments may be broken down into two categories--those to be
executed while in a Martian orbit and those in an Earth-Mars transfer
orbit. The experiement utilizing the Infrared Spectrometer falls in the
first category, and the following, in the second:

a. Magnetometer

b. Cosmic Dust Collector

¢. Gamma Ray Spectrometer

d. Solar Plasma Probe

e. Cosmic Ray Detector

f. Trapped Radiation Detector

Planetary Experiment-Infrared Spectrometer

While infrared (IR) detection systems may be used for mapping pur-
poses and for the determination of surface composition on Mars, the prin-
cipal use of an IR spectrometer as a secondary observation technique will
be to conduct temperature studies of both the Martian surface and atmos-
phere and to determine the presence and concentration of IR active con-
stituents in the atmosphere.

Carbon dioxide is believed to be the principal IR active constituent
in the Martian atmosphere. Therefore, the CO2 absorption band in_the
4,3 micron region is of significance in our temperature studies. 1,

In addition to the above spectral region specified, four other bands
to be examined are proposed:

0.2=bu includes all reflected radiation

5.6=Tu water vapor absorption window
8-12u atmospheric window
6-l0u includes all emitted radiation

With such ranges, the presence and concentration of the IR active
gases in the atmosphere may be determined. In addition, some of the
Sinton bands in the 5—16u range, indicative of organic molecules on the
surface, may be detected.

To skirt the critical temperature requirements of detection elements
within the specified spectral bands, Lead-Selenide detectors are proposed
for the 0.2-4 and h.}u bands, and thermistor bolometers, for the others.



36

Estimated specifications are as follows:

weight = 16 1bs
power -~ 7 watts
size - 10 x 13 x 16 inches

A diagram of the spectrometer is sﬁown in Figure 4-5. It is simi-
lar to that proposed in the JOVE study ™ with the exceptions of the
‘addition of a rotating, multi-sided mirror to sweep the beam of radi-
ation across the row of detectors and of the requirement of having
highly reflective surfaces attached to the tines of the tuning fork
chopper, such that, when it cuts off the incident radiation from the
planet, an internal source is reflected upon the detectors, thus ser-
ving as a temperature reference,

This proposed system is designed for continuous observation of the
planet from a Sun~Canopus oriented stabilized platform.

Interplanetary Experiments

Experiments for the observation of interplanetary phenomena will be
performed in transit. These will include measurement of the interplanet-
ary matter such as cosmic dust, gamma rays, solar plasma, cosmic rays and
trapped radiation.

All these experiments will continue in operation when in orbit,
acquiring data on the phenomena in the vicinity of Mars.

It is hoped that from the data obtained theories predlct1ng phen=-
omena such as the "Garden Hose Effect" of solar plasma flo g could be
tested and the shock wave, with its corresponding cavity, in the plasma
flow caused by Mars' magnetic field detected and measured. These exper-~
iments will be described in more detail in the following pages.

- Magnetometer

It is desirable to have a high resolution magnetometer which would
measure the magnitude, direction and time variation of any fields present.
To eliminate the necessity of rotating the spacecraft to measure the dir-
ection of the magnetic field, three mutually perpendicular sensors will
be used. A magnetometer similar to the one designed for the SAMPLER mis-
sion would do admirable. This instrument is capable of measuring magnet-~
ic fields to an accuracy of 0.1 gamma and will follow time variations up
to 1000 Hz.

To prevent the spacecraft magnetic field from interfering with the
measurements the sensors will be extended on a boom to lower effective
spacecraft magnetic field to less than 0.5 gamma.

Cosmic Dust Detector

Measurements of the number and momenta of the micro-meteorites in
transit and around Mars may lead to an understanding of their origin.
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The spacecraft will have micro-meteorite sensors in the forward dir-
ection of travel and in the reverse direction. A third will be perpendic-
ular to these two.

Each sensor consists of a metal plate with a piezoelectric trans-
ducer attached. The output will be fed to a high gain amplifier whose
output at selected gain points will be fed into electronic counters.
The information is read periodically into storage for transmission to
earth and the counters reset.

The sensors will pick up any vibrations of the spacecraft conse-
quently spacecraft noise should be kept to a minimum to prevent inter-
ference with this experiment.

Gamma, Ray Spectrometer

This instrument will detect the presence of gamma rays and high
energy particles in space. It will also detect the presence of solar
photons.

The gamma ray spectrometer consists of a detector, photo-tube, and
an analyzer. Gamma rays and charged particles will excite the detectors,
which consists of a standard scintillator and a plastic scintillator,
differently. The charged particles cause a flash that is fast compared
to the pulse caused by gamms rays. The analyzer can thereby differentiate
between them and also determine their magnitude.

Solar Plasma Probe

Solar plasma is an electrically neutral mixture of atomic ions and
electrons and seems to be associated with magnetic fields.

This instrument will teke data on particle direction, velocity,
energy and time variation. Since laser communication will not be oper-
ational in transit, communication capability in this period will be lim~
ited, and only low speed response to variations will be possible. Measured
currents will be correlated with the magnetometer readings to study the
mechanisms involved in the propagation of particles from the sun.

It may be feasible to make measurements of high-speed variations
when in orbit around Mars for detailed measurements of the magnetosphere
and related shock wave. At this time it will take advantage of the cap-
abilities of laser communication when the cameras are not in use.

Cosmic Ray Detector

This instrument will measure (1) the absolute and relative flux lev-
els, and (2) the energy spectra of the two main components of primary
cosmic radiation (protons and ionized helium) with energy that range from
one to six hundred Mev/nucleon.

The sensors consists of six sets of scintillation telescopes fac-
ing six directions to measure variations in direction of the incident
cosmic rays.
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This experiment will acquire data on cosmic rays fer from the influ-

ence of the Van Allen belts and in the vicinity of Mars. It will test
the theory that cosmic rays of galactic origin enter the solar system with
constant velocity in time and space.

Trapped Radiation Detector

This instrument will:

1. Monitor solar cosmic rays and energetic electrons in interplan-
etary space, and study their angular dlstrlbutlon, energy spectra,
and time histories.

2. Search for trapped particle radiation in Mars orbit and measure
it in the proton ranges from 10 thru 200 Mev and in the elec-
tron ranges from 50 thru 5 Kev. It will also determine their
spatial distribution, energy spectra, and identities.

The possible presence of radiation belts around Mars similar to the

Van Allen belts of the Earth will be investigated and measured.
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SPACECRAFT CONFIGURATION

"The controlling factors in the configuration design were the re~
quirements of the camera (an unobstructed view and two degrees of rot-.
ational freedom) and the orientation of the laser communication telescope,
solar panels, and antennas.

The final spacecraft design can be seen in Figures 5-1 and 5-2. The
basic load supporting structure of the spacecraft is a circular equipment
module divided into separate bays. The bays contain all the electronic
equipment required for the spacecraft. Louvers on the outside of the
ring will provide thermal control. The equipment module will support the
lander, the multi-spectral camers and "lidar system", the radiator for
cooling the laser telescope, and by a light framework the laser telescope
and the ten foot diameter Mars link antenna. Four solar rolls will be
inset and on opposing sides of the equipment module. Between the solar
rolls on the edge of the module are four attitude control units. The
two by four parabolic Earth link antenna, magnetometer end boom, and
solar vanes are also inset in the module and deploy at the proper time.
The propulsion module, which will be separated after orbital injection,
is attached to the equipment module by a framework which surrounds the
camera, laser, and ten foot antenna.

The camera is gimbaled for two degrees of rotation freedom of t lOo.
The laser is also gimbaled and located on an inertial platform as its
Earth alignmerit is critical.

A solar array of three hundred square feet is located on the bottom
end of the spacecraft to provide the required inflight power of l% kilo-
watts. '



Figure 5~1 Spacecraft with Propulsion Module
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GUIDANCE and CONTROL SYSTEM

The control system will be required to perform the functions of
attitude control, mid-course guidance, Mars approach guidance, and
correct orientation of antennas, camera, and other moveable devices.
The system will consist of inertial and optical guidance, supplemented
by Earth-based tracking and command.

This mission requires two basic modes of attitude control for the
spacecraft:

1) Fixed attitude of the vehicie with respect to optical references,
during cruise and motor firings (see Fig. 5-3).

2) Ratation of the vehicle about its principal axis during Mars
orbit (see Fig. 5-4).

To carry out these operations will require the use of an inertial guid-
ance system and two optical sensor systems. One set of sensors will be
mounted on the bus; the other set of sensors, the stable platform, and
the laser system will be attached to the main guidance and communications
module, about which the bus may rotate. '

During the flight, the vehicle will use a Sun-Canopus reference
system., While in Mars orbit, sensors will normally be locked on the
sun and Canopus, and there will also be Earth and Mars sensors in op-
eration. The attitude of the vehicle toward Mars will be determined
by means of an infrared linear scan system, similar to that used by
the OGO satellite. Because the spacecraft is required to locate Earth
with u radian accuracy for laser communications, a conventional optical
scanner would not be adequate, Too large an optical system would be
needed. The most appealing method is the use of the inertial platform,
to which instruments could be slaved. The platform could supply the
required accuracy. The use of this system is made possible through the
use of the laser communication servo lock. The stable platform would be
periodically corrected by means of a command signal from Earth which
would know the laser communication platform attitude quite accurately at
any given time. This platform would then serve as a reference for laser
communication reacquisition when laser communication lock is lost by plan-
et occulation or noise factors. Thus one integrated system would provide
a constantly recorrected reference for the instruments and for spacecraft
attitude maneuvers plus a reference for laser communication acquisition
scanning.

Mechanisms of the accuracy required are now in existence, and long
term reliability should not be a serious restriction. For example, an
electric vacuum gyro now provides the following performance:

1) Drift: 1077 deg/hr compensated at O g.

2) Reliability: Mean failure time is greater than 30,000 hrs.
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3) Noise level: 0.5 arc second in 100 Hz band.
k) Weight and size: 1.5 1b, 40 cu in, less power supply *

In the event that laser communication should fail completely, the
sun/canopus reference system would then be used, and as much data as
possible would be collected by means of the 10 £t high-gain antenna.

The accuracy of orientation required by the laser telescope and
the camera becomes a formideble problem when the spacecraft has rela-
tively massive rotating parts (as the camera in this spacecraft). This
problem is partially taken care of by mounting the laser on an indepen-
dently oriented inertial platform. An additional method of ameliorating
the problem would be to provide flywheels to cancel gll or part of the
angular momentum of the camera by spinning them in the opposite direction.
The use of the fairly massive equipment module for the flywheel was
considered but rejected because of the complexity introduced. The fly-
wheel will introduce a weight penalty but this can be minimized by spin-
ning the flywheel at a much greater rate than the camera and thus max-
imizing its effective angular momentum.

* Inventor, Dr. Arnold Nordsieck of General Research Corp.
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8.

9.
lo-

12.
13.

1L,

MISSION SEQUENCE

Lift off
1st stage burnout and jetison-~burn time 150 sec.
2nd stage burnout and jetiéon--burn time 375 sec.
3rd stage burnout and jetison-~burn time 45 sec.
Centaur burnout and jetison--burn time 470 sec.
Sun-Canopus acquisition and orientation
Deploy: 1) solar vane

2) magnetometer

3) 2'by 4 antenna
Mid=-course correction |
Retro rocket fired--Mars orbital injection
Retro propulsion module jetisoned
Deploy: 1) 10 ft. antenna

2) solar arrays

Earth acquisition by laser telescope

47

Picture taking and data transmission beginé--target for lander chosen

Lander separated
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PROPULSION AND TRAJECTORY

All Chemical Propulsion

There are basically only two all chemical propulsion systems to
investigate for the high energy mission under study. These are the
Saturn V and the Saturn V/Centaur systems. Along with these two systems
one could consider as separate propulsion systems uprated versions of
the Saturn V. and Saturn V/Centaur. It will be assumed, however, that
the uprated systems will be desired. The necessary research, development,
and testing will have been completed and these uprated systems will
be in the manufacturing stage. The additional cost of the uprated
systems should not be excessive. Since both systems under investi-
gation are essentially the same (on one system the Centaur is added
to the Saturn V as a fourth stage) it will only be necessary to deter-
mine mission requirements. From these requirements, the necessity
" of using the Centaur will be determined.

The hyperbolic excess velocity can be determined from trajectory
calculations and is found to lie between 12,000 and 15,000 ft/sec
depending on the launch date. The payloads that can-be injected into
the Hohmann transfer trajectory are determined from Figures IV-7 and
V-3 of the Payload Planners Guide from Douglas Aircraft. See Figure
A-1. An uprating factor of 11.3% is used in determining the increased
payload capabilities. This value is obtained from a table of missions
and associated payloads of the standard and uprated systems. The
results of the payload capability calculations are found in Table A-1.
One can see it is advantageous to use the Saturn V/Centaur system due to
the increased payloads.

TABLE A-1
COMPARISON OF STANDARD AND UPRATED
SATURN V PROPULSION SYSTEMS

EXCESS HYPERBOLIC STANDARD SYSTEM PAY- UPRATED SYSTEM PAYLOAD
VELOCITY (fps) LOAD LESS CENTAUR (1b) LESS CENTAUR (1b)
12,000 70,000 77,000
15,000 60,000 66,600
EXCESS HYPERBOLIC STANDARD SYSTEM PAY- UPRATED SYSTEM PAYLOAD
VELOCITY (fps) LOAD WITH CENTAUR (1b) WITH CENTAUR (1b)
12,000 78,000 86,600
15,000 72,000 79,900

A-1
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Nuclear Rocket Systems

Nuclear propulsion was considered as a replacement for the Saturn V
third stage and the Centaur. The decision to disregard nuclear propul-~
sion was based on unavailability. We do not feel that a suitable
nuclear rocket engine will be operational by the projected launch date
because the NERVA program has been cut from the present budget. If
such a system becomes operational by the launch date it should be recon-
sidered,

The NERVA engine is to be a 200,000 to 250,000 pound thrust nuclear
rocket motor with a specific impulse of 825 seconds. It will be a
graphite reactor-hydrogen system operating at a chamber temperature of
about 4,500°R.

Because. this type of engine develops a high thrust with a high
spec'fic 'mpulse it has many advantages. It would increase the usable
payload of this mission approximately 88% if used as a Saturn V third
stage. Present tests indicate it would be light enough and reliable
enough for large, long range missions. It also could be used as a
power supply for other systems and there is some possibility of making
it recoverable.

The main disadvantages of such a system are high development cost,
safety in space, and the short time available for adequate development.

The cost of using nuclear propulsion would be a major factor in a
decision about future use. If the payload were much larger, the cost
per pound for nuclear propulsion, neglecting development cost, would
make its use feasible but the payload may be too small to give nuclear
propulsion an economic advantage over chemical.

Electric Propulsion Systems

The Saturn V/Centaur is capable of placing a maximum of 261,000 1bs.
in a 100 mile Earth-orbit3 A 350 day mission, out in orbit with acceler-
ation on the order of 107~ ft/sec? would require a thrust of 8.8 lbg.
Since the maximum available thrust is equal to 1 lbg (restrlcged by
max power = 125 KW) acceleration would be on the order of 10~ ft/sec .
Transfer time would be on the order of 7 years, and ion propulsion for
this transfer is impractical.

If the necessary power was available, 1100 KW, 127 of the total
weight would be fuel = 37,500 1lb, storage tanks, “*"*“~7—3 power generation,
150 1b/KW, power conditioning, 30 1lb/thruster, and englne weight = 78,000
1b, leaving a nonpropulsion payload = 145,000 1b.

A-3



Mi:d-course and Retro Propulsion Theory

Mid-course and retro propulsion are necessary to change the vehicle
speed in order to achieve the desired Mars orbit. The use of the mid-
course system in conjunction with the attitude control system allows
trajectory correction to be made during the long Earth-Mars coast period,
as well as altering the vehicle speed.

The necessary velocity change, vehicle weight, and propellant détgr-
mine the amount of propellant necessary by the relation AV= Isp*ge-In %}"‘

where w; is the gross vehicle weight and Wy is the burnout weight, The
propellant weight is then wp=w,-w,

The weight of the propellant tanks and engine is estimated to be ten
percent of the propellant weight, giving a total mid-course and retro
propulsion system weight of w{,4 = 110w,

and the usable payload is then \W/py = \A/,'—-\A/,,s+
Payloads calculated for various propellants can then be used as a

figure of merit for propellant selection.

Once the propellant is chosen and a thrust level is set a burn

time can be calculated from T _,= T'A/t
where w is the propellant weight flow rate. The thrust is limited by
acceleration limits on the payload and normally is chosen for near

_maximum acceleration to reduce burn time.

Chemical Mid-course and Retro Propulsion

Three types of chemical propellants are available for auxiliary
propulsion systems. They are cryogenic liquids, solid propellants, and
storable liquid propellants.

Cryogenic liquids develop high specific impulse but present storage
problems when applied to long space flights. This type of fuel requires
insulation and a refrigeration system in order to store it for any
length of time. The predicted storage time of a refrigerated system
adapted for space use is limited to about five days which is far below
the time required for this mission. Cryogenic propellants were, there-
fore, eliminated from the list of possible propellants,

Solid propellants were seriously considered for the auxilisry pro-
pulsion system because of the high reliapility of solid rockek motors.
It was found that the performance of the solid motors was far below
that of storable liquid systems when applied to the large payload and
velocity change required by the mission.

A-h



The major advantages of solid rockets are their simplicity and
reliability. They also eliminate pumps and plumbing problems inherent
in liquid systems and pre-set firing times can be accurately controlled
by grain design.

The disadvantages, as applied to the proposed mission, are low
per formance, poor restart capability,and lack of controlled variable
firing time.

Five of the better performing solid propellants were eliminated
because they compared unfavorably with most of the storable liquid
systems available. The best performing solid is retained in Table
A-2 for comparison.

Further development in high performance solid propellants and
solid engines that can be throttled and restarted may produce a system
that will compare favorably with storable liquids for large payload
applications. If this should come about, the use of solid auxil iary
propulsion should be re-evaluated.

Both monopropellant and bipropellant storable liquid systems were
considered for the proposed design but the monopropellant systems
were eliminated by preliminary calculations because of low performance
and lack of development of large monopropellant systems.

Preliminary calculations eliminated several bipropellant combinations
and left ten combinations with adequate performance for our application.
These are listed in Table A-2 for performance comparison,

Final propellant selection was based on getting the highest per-
formance possible from a reliable and safe propulsion system. Table
A-2 shows the usable payload for several propellants based on a select
launch date and a gross payload weight of 97,000 pound.. (This
‘figure was later changed to &7,000 pounds.) The first seven fuel-
oxidizer combinations in Table A-2 give nearly the same performance
and all are adequate for the proposed design.

The seven fuel-oxidizer combinations were selected as possible
propellants and their characteristics studied. Hydrazine in pure form
was eliminated because of its possible use as a monopropellant. This
lowered the number of possible combinations to three, all of which con-
“ tain a form of hydrazine and use nitrogen tetroxide as an oxidizer,

Nitrogen tetroxide and a 50/50 mixture of hydrazine and UDMH
was selected on the basis of performance, handling characteristics,
and present development. From the present development of N204-50/50
engines it is speculated that reliable high performance engines will
be readily available by our launch date.

The proposed system will provide adequate restart capability,
thrust, and control to allow precision trajectory corrections and short
burn retro fire. It will have a capability of more than one mid-course
maneuver if necessary.

A-5
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Calculations of fuel loads and burn times were made based on the
following equations and spec1f1catlons-

AV = 593 Ln —17‘:’
w, = 87000 Ib, = qross 'anload
w, = burnout pay’oad

Wp-‘- M/L""

Woyz Wi- |l (Wp): wsable ,oa}'/oad |

I5P= —-.E‘ = 340 sec. w= proPe/)MJ’ WelgH Flow r‘.ad”e_
W -

F = 100,000 lb.

The results of these calculations are shown earlier in the report in
Figures 1-2 and 1-3.

Electrical Mid-course and Retro Propulsion

Of the three varieties of electric propulsion, electrostatic,
electromagnetic, and electrothermal, only electrostatic devices are
sufficiently developed to warrant consideration. To date, two elec-
trostatic thrusters have been developed, mercury bombardment and
cesium contact. - The mercury bombardment thrustor is much more efficient
than the cesium contact thrust@r, ag can be seen from Figures A-2
and A-3. State of the art 20 x 107° 1b. thrust devices are considered
as the basic element when clustering engines. The following mass-
thrust estimates_are based on 1 1bf/28,000 1bm with an acceleration
of 3x10°% to 103 ft/sec. The thrust levelis limited by the maximum
available power, approximately 1 1bf/125 kw. We note that an uprated
Saturn V/Centaur is capable of placing &/,000 pounds into a transfer
orbit to Mars, which requires 3.1 pounds thrust for adequate acceleration,
Thus we cannot use electric propulsion for mid-course maneuvers or
retro propulsion,

Given the necessary power, 3t0 kw, we can estlwﬁte the nonpropu131on
payload. Fuel weight = Winiral = WeurNour = W; (1 Fse )

= 67,000 pounds. Storage tanks (0.065 1lbm/lbm fuel), feed system
plumbing (31bm/thruster), power generation (50 lbm/kw), and thrust@®rs

(¢ lbm/thrustar) give a toatl weight of 33,000 pounds. The nonpropul-
sion payload is thus 54,000 pounds. We would need a nuclear power supply
to achieve the necessary thrust level.
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Stabilization and Attitude Control

Three systems were considered for an attitude control system:
ion propulsion, cold compressed gas propulsion, and storable liquid
bipropellant propulsion,

- The ion system is ideally suited for attitude control operations.
The low thrust levels are adequate and the high specific impulses allow
long duration, high total impulse missions with a low fuel weight.
However, the high power requirements (on the order of 1 lb thrust/125
kw) make the system entirely unfeasible. A minimum of two operating
thrustors would demand too great a solar array. Deployment and struc-
ture problems involved in the high acceleration mid-course and retro
maneuvers also limit the feasibility of such a system. The develop-
ment of high power to weight ratio nuclear power supplies would allow.
the ion system to be reconsidered.

A cold compressed gas propulsion system offers the advantage of
simple, reliable operation. Very little hardware is needed for a gas
system, but the specific impulse of such a propulsion system is much
lower than biprpopellant or ion systems. If a mission is of long duration
or high complexity a large total impulse will be required of the atti-
tude control system, Thus, due to the low specific impulse, a high pro-
pellant weight is needed. ‘

A number of bipropellants were considered for the attitude control
system., Due to its high specific impulse, the 50/50 hydrazine with
UDMH and N204 propellant was chosen. State-of-the-art has eliminated
thermal instability and many reliability problems. The high specific
impulse of the bipropellant requires less propellant weight, but the
system is more complex and has a greater hardware weight. The result
is a high weight system when the total impulse requirements are low.

The problem of choosing a complete system becomes a trade-off
between propellant weights and hardware weights, with some reliability
considerations for the cold gas and bipropellant arrangements. A graph
of total weights as a function of total impulse for the two arrangements
is shown in Figure A-4. As is seen, there is a total impulse at which
the more complex bipropellant system has a lower weight than the gas
system. Above this impulse the bipropellant system would be more
desirable. Problems of reliability may demand the serious consideration
of a gas system even though it is heavier. An overall comparison of
the system cqn be seen in Table A-3.
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Table A-3

Alternate Systems Comparison

Cold N, Yisectne
Specific Impulsd4l 71 sec 340 sec
Propellant Wght.| 76 1b. 16 1b,
Hardware wWght, 20 1b. 4o 1vb.
Volume 5.6 r£2 | .22 rt3




TRAJECTORY

To plan a Mars orbit, it is necessary to look at several factors
which affect the mission. There are not only mid-course corrections
in orbital planes and stabilization, but also a final AV for a Mars orbit.
All of these need to be minimized so a maximum payload may be put into
Mars orbit. '

There are many possible transfer orbits to Mars (different ways
of obtaining a Mars mission). Some have shorter transfer time but require
more energy; others take longer but use less energy. In planning
this mission, it was determined that the required energy was the deter-
mining factor. Hohmann Transfer Orbit is a transfer using the least
amount of energy and was therefore used in calculation the trajectory
for this mission.

NASA publishes the Planetary Flight Handbook which takes into
consideration many orbital affects caused by planets in the solar
system, i.e., spheres of activity. The numbers used for the calcula-
tion of the values for mid-course AV, total AV, and other orbital
speeds are taken from this handbook.

An analysis of other dates, as shown by Table A-4, reveals why
we chose the date we did. Another reason for choosing a launch date
of September 4, 1977 was a "safety" period of about one month when we
could make the launch.

Calculations showing how to determine necessary speeds and
weights are as follows:

Hyperbolic excess speed = 0.161# * 29.76 km/sec = 4.79 km/sec =
15,720 ft/sec

.028# * 29,78 km/sec = ,834 km/sec

Mid-course AV 2,730 ft/sec

.126% % 29.78 km/sec = 3.75 km/sec = 12,400 ft/sec

Arrival speed
Circular velocity of Mars at surface, Voo = 3.548 km/sec

Circular velocity at a height of 200 km = Veo . 3.543
lLoaq

<l

where r = 3615 km; I, = 3415 km

Ve ar h*200 km o2 Ves 433 Kmf5ae
L 2

Vo s Vep Ve

Wps= [ [A kh/"-; ) V" Vc’ P b RM/S‘C = 3, 9720 +“r/SC’C

A-11

#rigures from NASA Planetary Flight Handbook.
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79,930 - 27,000 = 52,950 = wp = Weight of propellant tanks plus pro-
pellant structure = 10% W, = 5,290 1b. :
.'. useable payload = 27,000 - 3,290 = 21, 720 1b.

TABLE A-4

Launch Date AT Useable Payload V. Arrival Speed Mid AV

(days) (pounds) (f£7§ec) (ft/sec) (ft/sec)
9/4/77 260 21,720 15,720 12,400 2,730
10/4/77 230 22,000 12,300 14,070 2,440
10/14/77 220 20,450 12,200 14,450 2,540
10/4/79 250 18,520 15,400 16,100 1,660
11/3/79 220 16,500 11,900 18,460 1,270

11/2/¢1 280 29,680 12,500 12,140 880
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POWER SYSTEMS INVESTIGATED
Nuclear Sources

An adequate source of electric power is essential to all space

" missions, and in this discussion miclear power systems are considered.
Radioisotope decay and fission in nuclear reactors produces heat,
which can be converted partially to electrical energy in a variety of
ways, with the remainder of the heat being radiated to the external
enviromment. The mission under consideration requires about 10 kw

of electrical power. The most promising radioisotope and nuclear
reactor power systems in this power range, namely, the isotope Brayton
and the SNAP 8 thermoelectric, will be presented.

Isotopes

The Brayton cycle gas turbine is of particular interest for use
with radioisotopes because of a potential cycle efficiency as high as
25%. TFigure Bl shows a likely Large Heat Source (IHS) electric power
system. The Brayton cycle utilizes argon, neon, krypton, helium,
xenon or mixtures of inert gases as the working fluid. There is no
boiling or condensing;consequently, there are no two phase zero gravity
startup problems or material corrosion problems. In this system, the
working fluid remains in the gaseous state throughout the cycle.
"Cold" gas is compressed in the compressor and passes through a regenerator
where it is preheated by gas from the turbine exhaust. The gas is then
heated to its maximum temperature in the isotope heater and expanded
in a turbine which drives a compressor and an electric generator.
The turbine exhaust gas then passes through the "hot side” of the
regeneratdor where it gives up some of its heat to the gas leaving the com-
pressor. Additional waste heat is transferred to the radiator where ‘
it is radiated to space. The "cool" gas leaving the radiator enters
the compressor and passes through the cycle again. This isotope Brayton
system will be available by 1972 to be used initially in MORL and
‘Advanced Lunar Exploration.

Reactors’

In connection with the isotope power program, much work has gone
into thermoelectric conversion system technology; this technology,
coupled with the 600 thermal kilowatt SNAP 8 reactor will result in
a system with the power range of 10-25 kw. The upper limit is pre-
dicted because of the low system efficiency (3-4%) of thermoelectrics
at the SNAP 8 operating temperatures and the relatively large radiator
required. A thermoelectric space power conversion system using the heat
from a nuclear reactor is shown schematically in Figure B2. The
heat is extracted from the source by a liquid metal loop. This
primary loop is connected to a secondary loop by a heat exchanger,
double action, thefmoelectric electromagnetic pump. The secondary

B-1
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loop supplies heat to the converter radiator panel. The reactor

1oop can work at a higher temperature than is permitted by the thermo=~
electric converter. The mass flow of coolant is held to a minimum,
and a larger temperature difference between inlet and outlet is used.
On the converter side, the temperature of operation is lower. The
temperature difference is small, and mass flow is not limited. The
temperature difference between the two loops can be used for power
generation for the electromagnetic pump. The converter for the pump
consists of two large elements, which permit higher temperature
operation. The efficiency of conversion in the pump is not important,
since the waste heat is used in the power conversion panel which
consists of converter and radiator integrated into one unit. Even
though thermoelectric power conversion systems have overall efficiencies
of only a few percent, they are attractive since they have no moving
parts and thus a reliably long life.

Photovoltaic Systems

Another prominent system in the field of space power sources is
photovoltaic energy conversion. In this process, solar cell arrays
convert the solar energy radiated by the sun directly into electrical
energy. Consegquently, use is made of the readily available energy
of the photons that are present in space.

Theory
The photovoltaic method of energy conversion takes advantage of
the high energy photons radiated by the sun. These photons are used
to create free electrons in a semiconductor material. The free electrons
result in a current flow.

Photons with enough energy (E=h) excite electron-hole pairs
in a semiconductor PN junction causing a diffusion process. The result
of this action is a minority carrier flow in which holes cross the junction
into the P region and electrons into the N region. This minority
carrier motion produces a charge flow (or current) across the junction
region. When an external load is attached to the junction, part of the
current involved flows through it and the rest flows through the internal
resistance of the semiconductor device. Consequently, the photovoltaic
cell becomes a current source.

The highest radiation photons from the sun occur in the green
light region with a magnitude of approximately 2.5 electron volts.
A solar cell designed to produce electron hole pairs with 1.0 to 1.5
electron volt photons (ie. the forbidden energy band between the bound
and conduction electron states of the material is 1.0 to 1.5 ev.) will
produce the greatest cell efficiency since the greatest number of incident
solar photons will be effective in the process.

In the overzll array system, the individual cells are mounted

in a sun oriented direction. They are connected in series and parallel
combinations in a configuration that will deliver the desired voltages

B-4



to the pover conditioning and battery storage systems. From this
point the power is resulated and bussed to the various subsystems.

Cell Materials

Although single-crystal silicon cells are the most commonly
utilized cell today, extensive research is being conducted on CdS and
GaAs cells. The best conversion efficiencies for these solar cell
materials are shown in table Bl. These efficiencies are for single
crystal, single PN junction experimental cells. They have not improved
very much during the mast four years and only small improvements should
be expected in the future.

Two important material properties relating to the efficiency of
the photovoltaic effect are the optical absorption and the diffusion
‘length L of the semiconductor. I e short circuit current IS of a solar
cell is given by the expression:

IS= Q(l-gﬁ(l-"’)ef‘/p,*(f;);‘:cN,HL

where Q is the collection efficiency, r the reflection coefficilent,

1 the thickness of the semiconductor, N.. (EG) the number of photons
absorbed by a semiconductor of band gap energy Eg, and N is the

total number of photons in the solar spectrum. For high efficiency,

L must be as great as the spread depth over which the solar photons

are absorbed., For Si and GaAs, L must be 100 and 2 respectively.

Even if L®X, and neglecting other lossess such as reflection, the solar
conversion efficiency of the photovoltaic effect is limited by the relative
number of solar photons absorbed and the potential at which the electrons
absorbed and the potential at which the electrons are delivered compared
with the energy of the photons.

The simplifi g expression for the maximum efficiency of a solar
cell is given by:

MUrax = Men (Eg) Vmp//‘/rHEaV

where Vmp is the voltage at maximum power, and Eav is the average energy
of solar photons, about 1.5ev. For silicon N_.. (Eg) is 2/3NP , and
Vmp is agout 1/3 Eav, which gives 0.22 as the maximum theoregical effi-
ciency. ' ’

Table Bl also lists the theoretical efficiencies of some of the
more common photovoltaic materials and the best reported experimental
efficiencies. Silicon and gallium arsenide have given the most promising
results to date. Silicon is the material nearly exclusively used for
commercial solar cells at present. The results for GaAs represent many
years of effort applied to a very stubborn material, but improvement in
efficiency and reduction in cost are still necessary before it can
challenge the position of silicon. However, for high temperature
operation and for high radiation areas, GaAs cells may offer advantages
over Si Cells.

As a description of typical cell parameters, silicon solar cells are
produced in large quantities with sunlight efficiencies (at air mass one)
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of begter than 13% and air mass zero efficiencies of better than ll% 26
At 257C single cells with a base resistivity of 1-2 ohm-cm ylelg open
circuit voltagg of 0.58V, short circuit currents,of 27-33 ma./cm o

(AM1; 100mw/cm” solsr intensity) and 32-40 ma/em™ (AMO; 14Omw/cm

solar intensity). The voltage and maximum power output in such cells
degrade with increasing temperature at the rate of 2.3 mv/C and

0.1mv/ C respectively. The spectral response per photon of silicon

solar cells peaks at 0.72"when the junction depth is the so-called
red-shift cell), and 0.66-0.70#for a junction depth of f to i/ (the
so~-called blue shift cell) In general, blue shifted cells are‘preferred
because of radiation damage effects in outer space. On a relative

basis there is more blue light in outer space sunlight than in terrestrial
‘sunlight.

Cell Structures

The great majority of silicon solar cells made today are lx2
or 2x2 cm in area and about 8 to 1l mils thick. The front layer of the
cell is usually N-type silicon with the base material being P=type.
This is the so-called N-on-P radiation resistance cell. The N-on-P
cell is considerably more resistant to radiation than the P-on-N cell,
and yet is not electrically inferior to the P-on-N cell.

Silicon cells can be made as thin as 2 to 4 mils. These have an
advantage in terms of weight, and a disadvantage in terms of decreased
output and susceptibility to breakage. An optimum cell thickness may
be about 8 to 12 mils. Although the sintered contact seems to be the
most reliable to date, the problem of contacts to solar cells is still
one of the most difficult to solve. Techniques for connecting cells
in series and in parallel as well as in series-parrallel are well in
hand, using either shingling or flat lay-down methods with the latter
applled in the majority of the recent systems.

The chief reason for the present high cost of solar cells is the
need for single crystal material which limits the production size of
individual solar cells. Non-single crystal films can be used for solar
cells, The multi-crystal selenium and copper oxide photo-electric
exposure meter has long been in use. More recently, CdS and CdTe:
film-type solar cel%a have been developed. The CdS cells have yielded
over &% efficiency.

Claimed advantages of thin film cells include:6

1) Lower spec1flc welghts than about one thlrd of the thlnnest
silicon cell.

2) Relative immunity to radlatlon, ellmlnatlng the need for
~heavy glass shielding.

3) Flexibility permitting compact launch stowage in roll-up
arrays.

L) Econcmlcal manufacturing and installation costs 1n large size
units,



Unresolved problems include:

1) Stability, (degradation occuring under storage, humidity,
thermal cycling and UV light).

2) Prerequisite of extreme cell materials purity and high conductivity.

Film devices offer weight reduction because only very thin layers
(microns) of most semiconductors are needed for the conversion of solar
protons in electricity. Most of the 12 to 1L mils of 8i used in single
‘erystal devices serve as structural support. The film thickness required
is gmiven by the semiconductors optical absorption., Table B2 shows
approximate minimum film thickness for various materials based on the
indicated estimates of percentage utilizations of the possible material
absorption of solar photons. Silicon does not appear very promising
since diffusion lengths of about 1004 are required, whereas the grain
size may be no more than 104, and diffusion of carriers across grain
boundaries is not expected to be very efficient. The materials CdS and
CdTe are receiving considerable attention. CdS cells of 50cm area
(3x3in.), made by evaporating CdS and then forming a barrier layer with
copper, having yielded efficiencéss up to 6.9 on plastic substrates
and up to 8.2% on Mo substrates.

A difficulty with both CAS and CdTe is a deterioration caused by
moisture in the air, For space purposes this may not be serious, but
for terrestial storage a hermetic seal may be required.

Films have been made on relatively flexible organic (Kapton)
or metallic substances., The metal substrates required construction of
a front-wall cell since light cannot penetrate the conducting metal sube
strates. This problem has been solved by several companies.

Power to weight ratios up to 100 w/lb are reported for individual
3x3 in. CdS cells (neglecting a significant part of the total solar
cell array weight such as deployment and support structure and electric
cabling). This is to be compared with 75 and 150 w/1b for individual
0.8x0.8 in. Si cells (in this case neglecting cover glass, adhesives,
electrical interconnectors, support structure, thermal control paint,
electric cabling, etc.) ranging in thickness from 12 mils down to lUmils.
The power to weight ratio for such Si cells is reduced to 40 to 80w/1b
when all components are included except deployment and support structure
and electric cabling.

Design Problems

Semiconductor devices in general are sensitive t» radiati-n, and
solar cells are especially vulnerable because of their placement on
the outer surfaces of the satellite. The radiation in space consists of
electrons with energies from a few kib-electron volts to about 8 mev. The
general effects of this radiation on solar cells are:

1) The power output of the cell is quite sensitive to radiation.

2) The current decreases more rapidly than the voltage for
radiation absorbed below the top layer.
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3) The decay is qualitively the same for all types of deeply
penetrating particles of radiation.

L) Particle radiation of shallow penetration, e.g. protons with
energies of not more than a few hundred kiloelectron volts affect the
"~ voltage and the shape of the current-voltage characteristic much more
severely than through a decrease of the short wavelength portion of the
spectral response.

Much effort has been applied toward understanding these effects.
The radiation physically creates Frenkel-type effects in the semiconductor
by actually knocking atoms out of their equilibrium lattic positions.
These defects act either as intrinsic defects, or in combination with
other impurities they act to form recombination centers that cause the
photon~generated pairs to recombine before being collected (i.e. the
life-time and diffusion length are reduced).

N-on-P cells withstand radiation about 30 times better than the
P-on-N cells for electrons and about 3 times better for protons because
the defects in P-t'me material are less effective as recombination
centers than in N-type material. Because of the nature of the damage,
it is possible to effectively increase "life" by adding to the area of
array. For example, a 17% increase in array area would increase life by
a factor of ten (i.e. the same power output would be achieved after
intercepting teh times the particle flux per unit area).

Increasing the resistivity of the base material in silicon increases
the radiation resistance of the cell. A factor of 2 or 3 in resistance
to electron damage can be expected in going from 1 to 10ncm, although
the efficiency of 10acMm cells is such as to lower output voltages
(0.53V as compared to 0.58V). Going above 20acm can lead to other
problems such as reduced voltage, increased series resistance, and temper-
ature sensitivity. The optimum iélicon resistivity for radiation re-
sistance is probably near 1Oacm.

Also, thin film cells are two to three orders of magnitude more
radiation resistant than their single crystal counterparts. Whereas
heavy fused silica cover glasses are required to protect the single
crystal cells from proton damage, no such protection is need for the
thin film C4S cells.

In addition to radiation considerations, problems such as tempera-
ture cycling tend to place some limits on the design possibilities of the
photovoltaic system. Figures B3 thru B5 show some projected character-
istics concerned with solar cell design. These parameters were used
in consideration of the basic power supply design requirements of
this mission.

Deployment Considerations
One of the major problems in the development of high power solar
arrays 1s the mechanism for deploying the array in a reliable fashion.
The advanced array development programs with high power to weight ration
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goals and extremely large array areas have had to utilize new structural
design concepts more than previous spacecraft experience.

Two array techniques currently being studied are potentially capable
of demonstrating a specific weight of less than 50 lbs/Kwe. The
semi~rigid panel concept employs a rigid frame or truss which supports
a thin, flexible membrane-like substrate. Evaluation of structural
materials for this concept indicated that beryllium, because of its
very high stiffness-to-weight ration, was most suitable for this
concept.

The second technique, roll-up arrays, utilizes deployable booms
to pull out & thin, flexible sheet substrate, which is rolled up securely
around a drum for support during periods of high dynemic loading
(eg. during launch). Once the spacecraft enters the orbit phase, the
booms pull the array out much as one draws a window shade, and holds it
extended. This technique affords the most flexible packaging concept
and has the greatest potential for lightweight design.

The Jet Propulsion Laboratory has initiated efforts to determine
the feasibility of developing the roll-out array technidues, aiming at
a goal of 33 lbs/kwe for a 10 kw array. Contracts have been awarded to
G.E., BRyan and Fairchild-Hiller for parallel investigations of their
techniques to meet these roll-out array goals. The G.E. model has not

only met most of the design requirements but has surpassed the weight

to power ratio initially hoped for (33 1lbs/kw) by obtaining 30 lbs/kw.9

Conelusion
Solar cell arrays offer the following characteristics;

1) A 10% conversisn erficiency.
2) Minimum power conditioning required.

3) Relative insensitivity to solar orientation (power =k cos ¢
where ¢ is the angle of light incidence to the solar array).

L) Light weight, with 30 1lbs/kw a reasonable goal.

5) Ruggedness and reliability for lifetimes up to 10 years.

6) No special collectors or radiators required.

7) Need for energy storage.

8) Large area causing drag.

Recent excellent progress in lightweight array design,’imprcved
radiation resistance, and improved CdS efficiency indicates that

photovoltaic power systems will continue to be a basic source of space
power throughout the next decade.
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SYSTEM CHOICE DECISIONS

Primary Power Source Selection
(Alternates were selected on the basis of a 10kw system at 1.5A.U.)

Electric power systems can be classified by the source from which
they derive their energy: soler or nuclear. The nuclear classification
is further divided into two important types. The first type, reactor
systems, were eliminated because of the extremely high weight to power
ratin-350 lb/kw for the SNAP-8 thermoelectric system. In addition,
the relatively short productive lifetime of the SNAP-8 placed unde-
sirable limitations on the duration of our mission; we would not be
able to observe Mars during a complete season cycle of about two years
using the SNAP-8 system. This system, however, does provide a high
degree of mission adaptability. since it has no orientation requirements
associated with it.

The radioisotope Brayton cycle system offers advantages similar
to those of the reactor systems. The nuclear systems are all insensitive
to solar distance and radiation enviromment. However, the prohibitive
cost of the plutonium fuel, together with the relatively high weight
to power ratio, forced the elimination of this alternative power system.
The relatively short lifetime is a direct result of our limited techno-’
logical capability in dealing with the Brayton cycle subsystems.
This also placed undesirable limitations on the duration of our mission.

Solar photovoltaile power production offers several advantages for
the selected power range. Recently developed thin film solar cells
are highly pliable and highly resistant to radiation. Also, advancements
in roll-out arrays have reduced the spe01f1c weight of a solar power
system to 30 1bs/kw.

Table B3 presents various competing factors of the three alternative
power systems. Tt is clear from the table that the SNAP-8 and LHS
systems possess several desirable features. However, since some of the
most fundamental considerations in choosing a space power system are
weight, cost, development status, and fuel availability, it was decided
that the nuclear power systems are not optimum for this mission. It
is interesting that a few years ago it was generally believed that the
use of photovoltaic solar cell arrays would be limited to applications
requiring less than one kilowatt of power and that larger spacecraft
auxiliary power requirements would be satisfied by the use of more
sophisticated energy sources using nuclear systems. However, this con-
clusion was largely based on comparisons between existing photovoltaic
arrays and the projected designs of other systems. Since that time,
photovoltaic cells technology has advanced while much of the expected
capability of other systems still remains to be demonstrated. This
has resulted in the reconsideration and adoption of photovoltaic systems
for high-power applications. Table BUY displays the major trade-offs
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involved in the decision of the particular mission system used.

SECONDARY POWER SOURCE DECISION

Choice- of Battery

Three types of batteries were considered as the secondary power
supply for our mission: nickel- -cadium, silver- cadmlum, and 51lver -zinc.
The selection of batterytype was based on: '

1) Reliability

2) Cycle life required

3) Specific energy density

4) Battery life required for the mission
5) Temperature sensitivity

The battery which best fits these requirements is the nickel-cadmium
battery.

Where high reliability and completely automatic operation is
essential, the nickel-cadmium cell has been the most widely used system.
In the temperature range from forty-eight to ninety degrees Fahrenheit
the probability is 0.9999 that a power package consisting of one operating
battery and two redundant standby batteries can survive 8000 cycles
or two years of orbital life. Roughly eighty percent of all NASA
spacecraft use nickel-cadmium batteries.

Electro-Optical presented the data-of Figure B6 in its report of
July 7, 1967. The comparison is given for orbit times approximating the
one hundred and ten minutes it will take our mission. Assuming an
orbit life of four years, the secondary battery must withstand 20,000
charge-discharge cycles. On the basis of the data in Figure B7 the
nickel-cadmium battery is capable of 20,000 cycles providing the
depth of discharge is low.

If considering specific energy density as the sole criterion for
the choice of battery, then the silver-zinc battery would be chosen.
Figure B8 indicates that at all levels of discharge the silver-zinc
battery is superior and the nickel-cadmium lags all three. At a
depth of discharge of twenty percent, for example, the nickel-cadmium
battery has an actual specific energy density of three watt-hours per
pound. This compares to ten watt-hours per pound for silver-cadmium
and eighteen for silver-zinc.

The orbiting 1ife of our mission was designed for four years.
Adding to this the two hundred sixty days in transit gives a minimum
battery life requirement of four and three-quarter years. Typical
silver-zinc batteries are rated at one to two years because their separator
material is subject to electrolyte deterioration. Deterioration of the
silver-cadmium battery is not as critical with its life being prolonged
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32OF Discharged 1-3 - 3-4 8
Charged 1 2-3 8
75OF Discharged 1-2 2-3 8
: Charged 5-.7 1-2 8
1200F Discharged 4-.5 1-2 4
Charged 2=43 «5-1 4

WET LIFES OF SECONDARY BATTERIES (YEARS)

Table BS



if* maintained at a low enough temperature as indicated in Table BS.

The nickel-cadmium battery does not seem to have any major difficulties

in meeting the life requirement. As the table shows, silver-zinc

and silver-cadmium batteries are very sensitive to temperature changes
whereas the nickel-cadmium battery has significant loss only when subjected
to high temperatures (one hundred twenty degrees Fahrenheit). Nickel-
cadmium batteries can be operated at temperatures as low as minus
sixty-five degrees Fahrenheit with heaters.

In summary, nickel-cadmium batteries were chosen because of their
proven reliability, long cycle life possible if the depth of discharge
'is low, long battery life, @nd effective operation at low temperatures.
These factors far outweigh its low specific energy density.
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'FUTURE AREAS OF DEVELOPMENT

Nuclear Sources ~

In the future, advanced reactor electric power systems will be
required for auxiliary power and electriec propulsion. Goals such as
light weight, 3000°F. operation, and long life require the technological
investigation of advanced liquid metal Rankine turbogenerator systems,
direct conversion thermionic systems, and magnetohydrodynamic generator
systems. Nuclear thermionic generators look particularly promising
in the 300 to 1000 kw range. In this conversion system, heat is applied
to one metal electrode from an energy source such as a nuclear fuel.
‘As the metal temperature increases, electrons are emitted and are
captured on a cooler electrode. The difference between the work
functions of the electrodes constitutes the energy per electron converted
directly from heat to electrical energy. Usually very high emitter
temperatures are reguired (1ike 3000°F.). A single converter provides
about 5-10 watts/cm of emitter surface area, requiring several thousand
for a large system. The converters can be connected in a manner similar
to solar cells so that failure in one or a group of converters will
not shut down the system; therefore, a high degree reliability is possible.
‘In the power range exceeding 1000 kw, nuclear magnetohydrodynamic converters
look promising. A simple MHD converter consists of a duct through which
gaseous working fluid flows, colls which produce a magnetic field
across the duct, and electrodes at the top and bottom of the duct.
The gas, by virtue of its motion through the magnetic field, has an
EMF generated in it which drives a current throught it, the electrodes,
and the external load. The thermionic and MHD conversion systems, with
no moving mechanical parts and very high efficiency at large power
outputs, appear very promising for future large size space missions.

Photovoltaic Sources

Solar cell arrays have been one of the major sources of power for
space systems. There is no doubt that with further technical advance-
ments, the solar array will continue to play an important role in the
success of space exploration.

An investigation into new materials could result in several
important advancements. The most prominent areas of research should
include development of high efficiency cells which are thinner and show
less sensitivity to radiation effects and thermal cycling. 1In the
over-all array system, better cell design would tend to improve the
life of the system as well as adding to the weight, cost, and reliability
factos involved.

In addition to material research, there is much to be learned
about the field of array deployment. It is entirely feasible that
extremely large photovoltaic arrays ;will someday be used as large
power sources for a multitude of different purposes. These systems

B-22



may be several orders of magnitude larger in size and power output than
that configuration considered for this mission. Consequently, due

to the extremely large areas involved, new methods of deployment must
be considered. This may lead to such methods as: centrifugal force
deployment and support, mounting arrays on an inflatible surface, or
array construction in space. Also, a circular deployment configuration
wouwld take the greatest advantage of the space used.

Packaging of extremely large arrays will be a large problem.

It is more than likely that a thin film roll type array material will
be used. Therefore, an analysis of foldable or rollable geometric
configurations should be considered in order to take advantage of the
‘flexibility of the system. A method of rolling (or unrolling) a large
" 'surface area easily into a small Manageable configuration would solve
one of the major engineering Problems involved with large size photo-
voltaic systems.

With the use of large arrays, problems will also arise in the
support systems. Bussing power over the large distances involved and
regulating the large quantities of raw power will present engineering
problems that would be a challenge to solve, Careful consideration will
have to be paid to such problems as voltage drops and magnetic interference.

With the increasing technology of solid state devices, it may be
possible that small instruments may be able to be implanted in certain
critical areas of an array to help control operational parameters,

It may even be feasible to mount the actual instruments in a particular
mission at different points throughout the array. With this system,
specific array areas could be designated to supply the power to a
specific piece of equipment.

It is apparent that there is a great deal to be learned about the
technology of photovoltaic systems. It is also quite reasonable to .
be sure that such systems will be used for further inter-planetary space
missions. Consequently, the new technology and extended research is
necessary to keep up with the growing demands for a more powerful and
efficient system.
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MEMORY

An important part of the communication facilities on board the
spacecraft is the storage capability. During periods of occultation,
data from the scientific experiments must be stored on board to be
transmitted back to earth at a later time. Several types of storage
systems were considered for this mission. They were: photographic
film, magnetic tape, and thin~-film magnetic core.

Photographic data processing such as used by Surveyor and Orbiter,
allows high resolution pictures to be transmitted at a convenient
data rate, This is possible since no digitation occurs until the actual
transmission of the picture. The main disadvantage of such a system
is its non-reusability. To carry enough film for a two year mission
might be very impractical.

Magnetic tape is a commonly used system. Tape is reliable, re-
usable, and is pow space-qualified. The main disadvantage with magnetic
tape is the data rate. The output from the multi-spectral camera_and
high~resolution television experiments will be on the order of 10" bits
per second. The maximum packing density of information on a tape is
10° bits/in. Assuming 100 ips tape speed, the result is 10° bits/sec.
A data rate of 10° bits/sec would be compatible with a microwave com-
munication system, but could not keep up with a 107 bit/sec laser
system. Another disadvantage of a tape storage system is mechanical
vibration. Since the laser down-link contemplated for this mission
requires a platform stable to within 10“6 radian, extreme care would
be needed to keep a 100 ips tape transport from introducing pointing
inaccuracies.

Finally there is the magnetic core, or thin-film type of_memory.
The main advantages of this type of memory are high speed (107 bits/
sec is common) and the absence of moving parts. Disadvantages are
large power and space requirements. Also this type of memory is
volatile (the information is stored only while power is supplied).
Even so, this seems like the best memory for the high-speed ''data
dump" system proposed for this mission. '

Typical size for a thin-film memory element is about 0.0l in.
square by 1072 in. thick. Allowing for spacing between elements,
a memory could easily be constructed with 50 elements per inch. Using
this as a basis for calculations, a 2 megabit (250,000 data points,
& bits/data point) memory would require 10"x10"x1''. It would consist
of £ memory planes with a 500x500 grid in each plane. Allowing for
connections and the transistor drivers necessary to actuate the
memory, one frame would occupy 1 cu. ft. Most of this space is driver,
so by proper selection of ground returns, many 1" thick memory banks
would require little extra space. The thin-film elements require
750 ma. to switch them, so, allowing for amplifier and driver ineffi-
ciencies, a 20 megabit memory would draw approximately 20 watts at
about 10 volts. It would occupy 2 cu. ft. A similar (2 megabit)
memory could be used for command decoding and data compression. It
would require an additional 1 cu. ft. and an additional 20 watts.

c-1



MODULATION AND CODING

In choosing a modulation and coding system, many factors must be
taken into account, such as information rate, distance, power, allowable
error and noise. Analog systems have a distinct disadvantage in two
areas: high error probabilities due to background noise, and higher
power requirements for a given amount of information. Digital systems
have one disadvantage but several major advantages. The disadvantage
is the necessity of very complex electronic encoding equipment. The
advantages include error detecting and correcting techniques, as well
as time multiplexing for high transmission rates and time-sharing
techniques.

Of the possible digital systems (PAM, PDM, PFM, PPM, FSK, PSK,
PCM), PCM (Pulse Code Modulation) has an advantage for our mission
due to its low power level at high bit rates on the down-link and
the fact that PCM approaches the theoretical limit in exchange of
bandwidth for signal to noise ratio.

Since video requirements dominate the down-link with 107 bits per
second and there will be 64 levels of intensity, a 6 bit PCM system
could be used (2° = 64) to quantize the video information and trans-
mit it.

Three methods of PCM have been suggested:

PCM/CW would involve switching a gallium arsenide laser on and
off corresponding to a zero or a one in the binary system. This method
has a distinct power advantage in that the 100 watts developed by the-
laser is transmitted directly without being partially absorbed by
optical equipment. However, it is possible that a fading in the in-
tensity of a ''one" due to noise or interference might be interpreted
as a zero at the receiver. This would be especially true if it was
decided to.go through the atmosphere.

PCM/LPL (linear polarized light) involves changing the direction
of polarization by 90 degrees and assigning a value of one to the first
polarization and zero to the other. This method will not be described
in detail for two reasons: First, the effects of the sun's magnetic
field or the earth's atmosphere could rotate the two 90° vectors and
cause errors., Secondly, the only difference between this system and
the system to be described is that this system has neither a quarter
wave plate at the receiver nor the same voltages on the Pockel or

Kerr Cell. There is also a negligible loss of power through a %-
wave plate.9

PCM/CPL (circularly polarized light) appears very promising,
especially if it is decided to go through the Earth's atmosphere.
Any continuous wave laser could be used and the only loss at the
transmitter (8uming the laser can be built to put out linear polarized
light using Brewster windows) would be less than 15% in the electro-
optic modulator. At the receiver, however, there would be a small loss
in the Rochon prism or Wollenstat prism. Basically, linear polarized
light from the polarized laser or non-polarized laser plus polarizer
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O0100o

a "one" a "zero"
Figure One Circular Polarized Light

would be beamed into an electro-optical modulator having a voltage
impressed accross it such that the birefringent medium has a fast and
slow axis at-90° with respect to each other (fast refers to relative
index of refraction). Since the LPL can be divided into two orthogonal
components, one of these will be delayed. When the components are
recombined at the output, circular polarized light results. As the
voltagel£s linearly increased, the output will look as shown in Figure
One.”?

Thus for two particular voltages, we can get out CPL in either
one direction or the other, corresponding to a zero or a one. The
advantages are obvious; errors in direction of polarization would
be very difficult to make and the absence of a signal would indicate
trouble, not a binary zero. The faulty data could be sent again with
no loss of information.

At the receiving end, the CPL is collected and passed through a
quarter wave plate, which converts it to orthogonal LPL. This is
then passed through a Rochon or Wollenstat prism which changes the
angle of the output beam according to its polarization. These separate
beams are aimed at photo mul;iplieig which are fed into a difference
amplifier, giving a binary output.

In Table One, a distance of 50 million miles was assumed. Powers
for other distances can be obtained from the following chart. MDSV
stands for '"Manned Deep Space Vehicle." Figure Four shows a possible
system organization for PCM/PCL. '

Coding

Coding can be thought of as the processing that lies between the
data sources and the modulator. This includes analog to digital
conversion, time multiplexing, data compression and mode switching.
All of the above, except data compression, have been fairly well for-
mulated and the systems used on the Mariner projects would suffice
with no major changes. There is, however, a new method of data com-
pression yielding compression ratios as high as 20:1, called Time
Buffered Coarse Fine Video data compression. Using six~-bit PCM,
compression ratios of about 6:1 are typical. Basically, this method

c=3



laser, polarizer || BS51e Ep’{g}brg et ’gggrslﬁn | PM tube
|| dif. amp.
Figure Two Block diagram of a CPL system.
|| PM tube
Table c=-1
Modulation Systems
Earth MDSV
Data Transmitter Transmitter
rate Modulation MDSV Earth
Receiver Receiver
30 PPM 5.4 X 1073 watts | 1.0 X 10-3
k bits/sec PCM/PL  {2.5 x 101 " 7.1 X 10™2
’ Coherent FSK [2.3 x 10°1 " 2.3 X 102
50 PCM/PL 80 11
M bits/sec| Coherent FSK 340 3k
Satellite MDSV v
Transmitter Transmitter
MDSV Satellite
Recelver Receiver
S PPM 5.4 X 10-3 watts | 4.0 X 102
k bits/sec|  poy/py, 2.5 x 10"t " |3.2x102
Coherent FSK | 2.3 x 1001 " |2,3 x 10"
50 PCM/PL 80 65
M bits/sec| (operent FSK 340 . 340
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lowers redundancy of data caused by large picture areas of the same
shade by going into a run light level after two redundant element
information words. An important part of the time-buffered compressor
is the coarse-fine system, which is a non-time buffering technique

‘that gives a 2:1 compression ratio and provides high accuracy. For
.most pictures, about 857 of the elements gre accurate to 6 bits while

the rest are only to three bits at the intensity edges. Either the

three most significant or the three least significant bits are transmitted,
depending on the amplitude and speed of swing of the information. An
interword coding method is used in order to tell the receiver the coarse-
fine status changes. The large number of fine levels in a typical

CF coded video signal suggests the use of a redundancy removal method
operating within the CF code but just on the fine elements. The
transmitter contains hardware to define and recognize redundant

element occurrences. The occurrence and number of element removals

in the processed data stream is conveyed in the stream to the receiving
decoder.
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TRANSMITTERS

A number of different types of lasers were originally considered
for the downlink. Due to efficiency and information carrying potential,
the selection was reduced to three possible types: argon, carbon
dioxide, and gallium arsenide.

Although some._very distinct advantages are to be had at 0.5
microns (argon), the argon laser's very low efficiency of 0.1%
eliminated consideration for its use as a downlink. This leaves COy
and GaAs for consideration,

The CO, laser boasts relatively high efficiency and an atmosphere
"window" making it a reasonable choice for use as a downlink. Although
the beamwidth obtainable with reasonably sized optics (1l meter para-
bolic reflector) is fairly broad, being on the order of 13 microradians,
the high output power obtainable (i.e, 100 watts or more) tends to
compensate for the divergence loss. Carbon dioxide's wave length of
10.6 microns suffers little atmospheric absorption (see Figure 5)
and thus could be received on earth., A signal at 10.6 microns,
however, offers a detection problem. Due to the low energy of a
photon at this frequency, photomultiplier tubes cannot be utilized,
since their operation involves overcoming a work function. Noise con-
siderations tend to eliminate semiconductor devices, leaving only
coherent heterodyne detection as an alternative. Since a laser beam
passing through the earth's atmosphere tends to lose spatial coherency
at the receiver, this means of detection cannot be used in practice
as long as the receiver is located in the atmosphere. Thus, one
would be forced to receive the signal from a position in space.

Even then, the resulting Doppler shift would necessitate a very com-
plex AFC (automatic frequency control) circuit at the receiver or
a very wide I,F, bandwidth. .

The gallium arsenide laser, operating at 0.¢6 microns, has high
efficiency but is readily absorbed upon passing through the atmosphere,
forcing it to also be received in space. Due to gallium arsenide's
much shorter wavelength, much tighter collimation is obtainable than
with COp, 2.8 microradians being representative for a one foot,
difraction limited reflector. And, although marginal, 0.86 microns
can be received using direct, noncoherent detection through the use
of a photomultiplier tube. This allows very simple and effective
detection schemes.

GaAs lasers are also very easy to modulate. Whereas a CO, laser
would require an external electro-optic modulator, an injection
laser can be modulated internally by verying the input current in the
proper fashion. Therefore, an on-off, PCM-type modulation is readily
obtainable by switching the input current on and off by suitable means,
such as with a transistor or silicon controlled rectifier.

A program was run to calculate the effects of wavelength and range
upon beam divergence and resulting spreading loss. It was decided
that one foot and one meter berillium parabolic reflectors could be
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Table c-2 Charateristics For GaAs And COo By The Mid 1970's

Gads COo
Laser Efficiency L0% : 10%
Wavelenght , 0.86 microns 10.6 microns
Detection direct, noncoherent heterodyne, coherent
Atmospheric Effect absorption coherency loss
Modulation Losses 0% = 65%
Modulator internal external
Peak Output 100 watts 100 watts
Cooling 100 watts 100 watts
Raw Power Input 250 watts 3000 watts

used for GaAs amd CO, lasers respectively, since closer tolerances
would be required for a difraction limited GaAs system than for co,.
The results of this computation show that up to 13 dB gain can be
obtained through the use of gallium arsenide and its resulting narrow
beamwidth,

As can be seen in Table 2, both lasers require reception from
outside the earth's atmosphere to realize their full advantages.
The gallium arsenide laser, assuming present multimode operation is
overcome, requires smaller optics, has higher overall efficiency,
uses simpler detection techniques, and is easier to modulate than
the carbon dioxide laser system, For this reason it was decided to
concentrate on the development of a gallium arsenide downlink for
the mission.

c=7




SITWY9IW NI 3I9NVLSIA

08I 09l okl ou 0ol 08 09 ov

oL-
GSO1 ONIAY3IHdS

o8-
ob-
ool-

L7 Noi4
oll-

aP

c-8



TRANSMITTER

TRACKING ELESCOPE
; seRe i

n D S GLE e e @S goe

~———_ LIGHT ERON
~\ & geEACON

e " - 2 D e W WOk eap

DIFFE RENTIAL
SERVO
AMPLIFIER

FILTER. '
COOLED , PULSED

GALLIUM ARSENIDE
LASER CACK AGE

CURRENT
PVLSER

A INPUT

/
| | | ,,' : PARABOLIC
meﬂ/ MIRROR
| </ 4
) ) \\
©V AmP % »
g PHOTOMATIPLIE2
- Tuee  \

s s Gy G W e D e G e am



MODULATORS

0f the many types of light modulators to be discussed later
in this section, the modulator chosen in this study, and also the
modulator that has received the most attention for laser work, is
the electro-optic modulator. In our study, a KDP (potassium dihy-
drogen phosphate) crystal was chosen for reasons which will be given
later in this report.

In a typical electro-optic crystal (KDP) the application of an
electric field causes a change in the refractive index., This change
is proportional to the first power of the applied voltage; this is
also one of the prime advantages of KDP modulators. An increase in
the refractive index causes light to travel more slowly while a decrease
causes light to travel faster. Since, with a change in the velocity
of light, there is a corresponding change in phase, an electro-optic
modulator is actually a phase modulator. The light is converted to
amplitude modulated light by running it through a polarizer which is
at 45 degrees with respect to the applied electric field,

A second type of modulator which was under study by our group is
the magneto-optic or Faraday-effect modulator., The Faraday effect
causes a rotation in the plane of polarization of light as it moves
through a substance. The rotation is in a direction that is parallel
to an applied magnetic field., The amount of rotation is directly
proportional to the size of the applied magnetic field.l® An effective
modulator of this type requires a material that has a large rotation
of polarization as a function of magnetic field. Since no very effec-
tive material is presently at hand, this modulator was not chosen for
further development. Also, limitations in thickness and heating pro-
blems make this technique impractical. If used, the resulting change
in plane angle could be converted to an A,M, signal by again passing
the beam through a polarizer.

A third modulator of interest was that of the gallium phosphide
diode. Modulation takes place in the diode's p-n junction, which is
relatively small. Since our power considerations involve approximately
100 watts, and the diode's junction is of such a small size, this modulator
cannot be used due to the extremely high power densites involved.

All forms of modulation mentioned thus far have been external
systems. But one of the simplest and most direct methods of modulation
involves direct '"pumping" of the laser oscillator. This can be
accomplished in a GaAs laser by turning its power source on and off.

If a COp laser is used, '"pumping' can be obtained by switching the
laser's r-f source. If a KDP modulator with a GaAs laser will be
chosen, power requirements could be cut in half, efficiencies raised,
and heat dissipation problems reduced, if the GaAs laser is pumped to
give a transmission of all "ones'". '"Zeroes' could be formed by stopping
transmission of '"ones™ with the KDP modulator.

As was stated earlier, for a KDP electro-optic light modulator
(EOLM), the change in refractive index is proportional to the first
power of the applied voltage. This difference in refractive index,
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usually called birefringence, is given by

B = nerBE
where
0o = ordinary index of refraction of the crystal
= electric field in volts
Ty = constant describing Pockels effect

One problem with a KDP modulator is the fact that even though the
refractive index is a linear function of applied voltage, the relative
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Table c¢=-3 KDP Modulator Statistics
Transmission .85 .85 .85 .85
Capacitance 4o 10 10 10
Loss Tangent .05 .05 .05 .05
Vyé 8000 9000 9000 9000
Optical Attenuation .1 «3 1.0 2.0
3 db. Bandwidth 4 10 5 100
Modulation power (w) 2.5 13 L 11
Weight (1b) ? 21 151 251
size (in3) ? 30 85 25
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transmission is only linear in a finite region. The relative trans-
mission of a standard ELOM is given by:

T = sinZCnV)/(ZVA/Z)
where

applied voltage

v
V)\/2 = voltage for half-wave retardation

The transmission characteristics of unbiased and biased modulator
units are shown in Figures 5 and 8., Only when biased to the half-
wave retardation point Vh/Z’ can a linear output be expected.

In the frequency range of 107 Hz., which is the modulation fre-
quency we are proposing, the equivalent circuit for a EOLM is as
shown in Figure 9, where:

T-T' = modulation terminals
L = lead capacitance
Ré = resistance in electrodes
Cy = KDP crystal cépacitance
x KDP internal resistance

From the previous circuit, the power dissipated in a KDP crystal
can be found from:

P = VZ(ZWf)CxtanQ

where
.V = applied voltage (rms)
f = fiequency
tan® = loss tangent

The frequency response of a KDP modulator is shown in Figure 10.
This is for a biased signal and one within the linear modulation of
the KDP crystal.
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Table 3 shows four KDP modulators that have been studied in this
report., Values are typical of most KDP crystals made as of June 1966,
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STABILIZATION

In order for a laser system to even be mentioned as a means of
communication, and in order to fully utilize the narrow beamwidth of
a laser, a very stable tracking network must be employed. Before
going into a system of tracking to hold a laser beam within #1/10
arc second, it will be assumed that a sun-canopus system can hold
_ the ship within a # 1 degree filed of view of the earth. The system
described in this section for use by the communications group, has
been designed by Perkin-Elmer for NASA and can be found in contract
NASA-cr-252; "Determination of Optical Technology Experiments for
a Satellite."

For this system, a CO, or Argon laser beacon from earth will be
aimed at the satellite. CO, and Argon have been chosen since at both
of these laser frequencies there are partial "windows" in the earth's
atmosphere. The choice between these lasers has not been made in this
report since the one with greatest c.w. power output should be used,
without regard to efficiency.

Assuming the ship is oriented to within one degree of earth,
light will enter the telescope and be reflected toward a four corner
prism by the beamsplitter. Within one degree of earth, but not
within 1/10th arc-second, the light will reflect off the four corner
prism and on to the photomultipliers spaced around the prism.

Since the light does not get broken evenly over all four surfaces of
the prism, unless it is perfectly centered, the photomultipliers will
generate unequal signal strengths which are then passed to the four-
quadrant detector. This detector then senses the weaker and/or greater
signals and sends the necessary commands to the very fine pointing
subsystem for realignment of the telescope lens.

One fundamental problem that can be solved with additional equip-
ment, but has not been discussed up to now, is that of "point-ahead"
communications. As seen in Figure 12, if the laser signal is sent
directly back to where the beacon is seen, the earth will be missed
by 16,000 miles due to the relative motions and time lags involved.

t. is the time a particular bundle of photons will leave the earth.
A% t, this bundle will arrive at the orbiter and at the same time, a
signal is sent back to earth. With no point ahead angle, the signal
will arrive at point A even though the earth has moved on to point
t3. The lead angle is given by:

GL = §/R - a

where "a" is the aberration angle. Since the point ahead angle varies
slowly with time, adjustments can be controlled by means of a small
on board computer, or by signals from earth.

Perkin-Elmer's design was given to NASA in 1965, and it was
assumed that it will be perfected by 1975.
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Figure c¢-12 Earth Position As A Function Of Time.
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OPTICAL RECEIVER AND IASER POWER

The receiving system is assumed to be on the Moon or on an orbiting
satellite. This eliminates the atmospheric effects on the laser beam
and, using suitable station locations, can provide continuous, weather-
independent communications. A microwave link could relay the information
via standard S-band channels to any of the many proposed or existing
earth receiving stations. The pointing requirements necessary for the
antennae (approximately one microradian) are compatible with the tolerances
on the Orbiting Astronomical Observation Satellites that are to be
launced soon.

Since the required transmitter power is inversely proportional to
the receiver effective area, a reduction in the required transmitter
power can be obtained by increasing the receiver antenna. (A 1imit
is reached where machining tolerances and nonlinearities take over).
But a real reduction in the calculated power can be made. The assumed
receiver aperture is that considered to be the maximum size presently
feasible on a satellite. If the station is on the Moon, probably the
aperture can be increased. A rough guess would be that the required
transmitter power could be cut by fifty-percent at least -to 85 watts,
which is close to the projected figures for a cryogenlly cooled, pulsed
GaAs Laser.

Optical Receiving Systems

Optical detection systems are generally considered in three cate-
gories: a) Heterodyne, b) Carrier-Frequency Preamplification,
c). Direct Detection. The first two systems rely on the coherence of
the incoming signal and, therefore, nothing in the system (including
the transmitting medium) may significantly alter the coherence of the
beam if proper operation is to be obtained. A heterodyne receiver
mixes a strong local oscillator (10) laser at a frequency near the
signal frequency with the incoming signal. Hopefull, this photomixing
will bring the output (IF) signal above the internal noige, while the
10 shot noise maska the background noise. See Figure l.  In carrier-
frequency preamplification, an optical preamplifier, with a gain high
enough to make noise introduced in detection negligible, is placed
before the detection stages. Although preamplifiers are in principle
possible, low-noise optical preamplifiers are not presently available.
By far the simplest of the three systems in principle are the direct
detection or incoherent devices. They respond directly to intensity
variations in the incident light; they are photon counters. See Figure 2.

Ideally, the optical heterodyne receiver has a 3 db S/N advantage over
a direct detector, but there are also several disadvantages and unre-
solved problems. There is a regquirement for aligmment of the received
and 10 beams within an angle d9 IA £where dO is the iiignment angle,

L is the wavelength and Ar is the receiver aperture. The 1O power
must be several orders of magnitude greater than the signal (microwatts
vs. picowatts) and great care must be taken to prevent masking of the
original signal. The 10 instabilities and Doppler shift necessitate
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very close frequency and power tolerances on the LC_)5 The one-way
Doppler shift has been shown to be .50 to 2.7 (x10 °) microns in
wavelength,.this limits the predetection filtering to 1 Angstrom
bandwidth, However, much research is being done on optical heterodyne
receivers and a very practical 10.6u receiver is advertised in the
literature, At the present time, the optical heterodyne receiver is

the only practical system for the CO, gas laser at 10.6 microns, and
there are doubts that a quanta limitéd direct detector will ever be
available. Because of the problems of the heterodyne receiver and the
antennae systems the 002 laser presently offers many problems in
detection.

It has been shown that as the bandwidth and signal to noise ratio are
increased, ideal sig?al-shot-noise operation is increasingly possible
with direct detection'® It is shown in the power calculations that our
system approaches (within an order of magnitude) "noise-in-signal”
operation., This considerably lessens the appeal of optical heterodyne
systems. Tt is for this reason, and for those of simplicity and proven
reliability, that this group has chosen a direct detection system
(at the higher frequencies, not C02).

It is often convenient to consider the generalized detector operation
as a three-step process. See Figure 3. In the first step, free
carriers are created by the incident light; in the second step, these
carriers are multiplied by a current-gain mechanismj; and finally,
the amplified current interacts with external circuitry to provide
an ovtput signal.

A great concern in any detection process is the amount of "noise
present. There are four general types of noise present in an optical
system. 1. Quantum, or shot, noise is due to the quantum nature of
light. It is explained in two ways: a. The probability of intercepting
a photon (or the radiation field intensity) is proportional to the product
of its amplitude vector and its complex conjugate (AA*), Therefore,
‘even if the received radiation is a coherent monochromatic wave of
constant power, photons will still be received randomly, leading to
noise. b. The Heisenberg Uncertainty Principle states that (Energy
uncertainty) (Impingement time uncertainty)Z h/UT, Therefore, the
more precisely the photon energy is known, the less precisely the time
of arrival can be determined., It is thjs uncertainty in time of arrival
that contributes to the quantum moise.” 2, Flicker noise, or 1/f
noise, is noise whose mechanism of modulation is unknown but is believed
to have something to do with the recombination of the carriers in
semiconductors. It has an approximate l/f power density spectrum,
and, due to the extremely high f associated with a laser, most authors
ignore it. 3., Thermal noise is due to thermal agitation of the molecules
or electric charge in the equivalent resistance (circuit elements).

i, Other noise is due to nonlinearities of the amplifier -and pertur-
bations of the system. Ixcess sho noise is quantum noise introduced
elther by the secondary-emissive nature of the multiplication dynodes,
or the action of current carriers in a semiconductor device.

The above factors are specifically the "noise" terms in the detector.

However, a great many factors contribute to the "signal-to-noise
ratio" in any space communications system. Fach process, from the photons
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from Mars impinging on the camer lens, to the reproduction of the picture
at the receiving station, changes the "S/N". Because of the limitations
of this analysis, certain assumptions must be made. We assume the
"signal" to be the encoded PCM pulses from the laser. Therefore, the
"S/N" from the camera and data mechanisms is very high. The "signal"

for the camera system would be photons from the section of Mars observed.
(Eor our desired accuracy this is true. It has been shown that fos

1° resolution in infrared in a bank of clouds of approximately 2007K,

the S/N is better than 50 def The encoding must, by design, be a
faithful (low noise) reproduction of the original analogue signal.

The mggulator, or pulsing circuits, are assumed to add negligible

noise,

Considersble time and effort has Leen devoted to analysis of S/N
for optical systems. Almost universally, a common equation is obtained
(varring nomenclature differences), and the authors then attempt to
eliminate terms by considering limiting cases)i.e. quantum limited,
background limited, thermal limited, etc.). The author finds it difficult
to determine offhand the limitations of our system. Therefore, we will
consider the overall effects and then compare this result with the ideal,
quantum limited case to see, if indeed, the system approaches the
best limited case.

Presently, for large bandwidth, high~-speed optical systems, there
ave three detectors available: the multiplier traveling-wave phototube
(MWP), the static crossed-field photomultiplier (SCFPM), and the silicon
avalanche photodiocde (APD), These devices were chosen as representing
the present state-of-the-art.

The MTWP is a combingtion of three or four secondary-emissive
surfaces with a helical output coupler. The main advantage of the MIWP
is that relatively low multiplication is required to have a high
(figure of merit) because of the very high equivalent resistance of g2
helix, This means that the dynamic range is large and the frequency
maximum is greater than other devices, However, the MTWP is a passband
detector with typical passbands of 1-kGHz. The MTWP finds the most
use in optical heterodyne receivers. See Figure k.

The SCFPM uses an arrangement of static electric and magnetie
fields to make all secondary electrons emitted from rest follow
congruent paths from one dynode to the next until reaching the output
coupler. See Figure 5. The SCFPM is in an advanced state of development,
and seems to be developable into a highly reliable, quantum limited,
gigahertz bandwidth detector. Unlike the MIWP, the SCFPM is capable
of receiving pulsed signals (PCM) without a subcarrier.

The silicon avalanche photodiode is the most promising solid-state
detector presently available. See Figure 6. It uses impact ionization
of the signal semiconductor with the carriers in the high field region
of a reverse-biased p-n junction to achieve breakdown, or avalance
operation. Control of this avalanche to produce useful current gain
is primarily a problem of eliminating impurities in the junction region,
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a similar problem to that which faced early transistor technology, and
development of better fabrication techniques may make the APD a very
useful detector for a system like curs. Because of the excessive noise
in external amplifiers, a lack of definite parameters for our system, and
the complexity of analysing the sensitivity of a photo avalanche detector,
we have chosen to use a static crossed-field photomultiplier in our
receiver. An attempt is made to look at the relative performance of

the APD. See Figure 7.

Power Calculations for a GaAs Laser at .87u using a S-25 SCFPM
Assumptions and parameters for the system:

1) A S-25 photoemissive surface wiEB a quantum efficiency (n)
of 1% and a dark current I _.=I 5 =10 “ gmps at the anode is used with
a staticMErossed-féeld phogbmgléipgieg with the following figures of
merit: R _* 10", F=1.3, and T= 50 K. The first two values are
current expggimentally measured values, and the last is approximately
the system temperature in present S-band microwave systems, and can be
reached optically by cooling the receiver and using advanced SCFPM
tubes.

2) The system noise is assumed additive (not multiplicative), and
Gaussian, so standard signal to noise patio (S/N) techniques can be used.
The cveral}qS/N required is determined for a given uncggrelated received
error rate?’ We choose a S/N of 20 db for less than 10 probability of
error. (Less than one error a second iﬂ a transmission rate of 10' bits/sec
if the error checked at the receiver).

3) The antenna and optical parameters are:
transmitter aperaturgh(A )= 36cm, receiver aperature (Ar)=200cm,
receiver field of view (%) 10 s%eradian.

L) The worst case of the background spectral density,occurs when
both Mars and Jupiter are in the field of view. @= 10— watts/cm -str-m.
The required signal-to-noise ratio is given by:

S/N= lsz 2M2 a 1;1=Imodglaﬁt:iozlingex,.k i &
2eBFM§Re s(IS+Ib+ TIq) + kIB sTp1g= sigral, backgrov

q dark currents at cathode

. X M= multiplication
For convenience we define: : v .
: Re = Equivalent resistance

' = - F=7"excess noise factor
a=§s b-2E%§ y=B(S/N) e= electronic charge
t B= bandwidth

k= Boltzmann's constant

In our case: = gbsolute temperature

a= 4.65x1015 unitless 7r Jnentum efficiency
b S'QSXIO joules h= Planck's constant
= 107 hertz . .
P = received signal power
s .
Pt= transmitted power

The above formula assumes that the photo-mixing of tge bag%ground and
signal is negligiglg--a condition that is true i @I (10™°~) is much
less than hf (1077 ). 2

n
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Solving for the required transmitter power:

1 1 1
P = E y h» P . 2
t ——XT— -t + X + ni 3
2ab? 2{;3 !.b L= wavelength

where:

9l

P .= Ar.ﬂ.r% + 1 dhf 16

ni + KThE & 1.02x10° 10 4 4. 75x10713 + 3.02¢20713

ne Sne~MeR
eq

The reguired transmitter power eutput, assuming no filter, modulator or
antenna loss is:

P, £ 42,5 watts

Now we shall look at the case where the receiver has a low enough
noise figure (or large enough y) to be quantum limited. In that case
for PCM direct detection:

p= (8 NzthF 2 1.57x10"7 watts P, & 10 vatts

=N
This value is ideally the least possible power that could be used (assuming
our antennsa sizes, quantum efficiencies and S/N) regardless of the
receiver. So, the transmitter power value will not be reduced greatly
unless an improvement in quantum efficiency is developed.

An idea of the actual laser output power necessary can be obtained
by assuming nominal values for antenns and optic efficiencies and
filter efficiencies. We assume the following:

transmitter & receiver optics and antenna- 50%
filter efficiency (1 Angstrom)- 50%

Using these efficiencie we compute:

Power output required with losses -- 170 watts
Power output ideally with losses -- U0 watts

Optical Receiver and Power Calculations Summary

S/N overall -- 100 20 db Uncorrelated error probability 0{110'6
Ay effective -- 36cm. ® background -~ 107 5
divergence -- 2,88 microradians watts/cm”-str. -

Areffective -= 200cm. migron

n efficiency -- 50% , B information -- 10'htz.

xmtr & revr B filter -~ 1 Angstrom
antenna & optics n filter -~ 50%

N o -- 1%9 P.no loss -~ k2.5 watts
Idangde -- 10 “amps P¢no loss == 10 watts

3 12 | ideal

% Req - 12'3ohms P, loss --170 watts

T system . SOOE' Ptldeal loss -- 4O watts
Ny -=- 10~"str.
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EXPERIMENTAL, COMPARISON OF DEVICE FIGURES OF MERIT Table c-i
Photodetector Wavelength Diameter of MgRe Comments
Range active area 4
Si Avalanche Ae 1.0 u. 4o u. 2.5% 106 Highest (Gain)(B.W.) of
all solid-state detectors
Ge Avalanche .6- 1.6 u. Lo u. 1.5x lO5 Most sensitive wide-band
infrared detector
Dynamic Crossed- approx. Several cm. 5x lO15 Very Sensitive but needs
Field P.M. Tube .4 1.2 a microwave pump source
. 1" 1"
;E:;écpc§ésé?%; " ox 1072 Very sensitive & seems
el best for baseband uses
Reflection Dynode approx. " " lOlO Very sensitive, wide-
Multiplier T.W.P. .L4- 1.1 dynamic range- best for

bandpass uses

Some Typical Experimental Parameters

Table c¢~5
Device W%%%%S%%B%y M?Req. Bopt. GR + AT F Comments
Direct Detection  .4880 u. 10 -k
10 108 1077 5.0 25 1.3
(s 20) MIwWP 15% str. cm rad.
3i Avalanche .4880 3
25% 8x10 " " " 5 5.8
(s-1) MIWP 1.06 10 " " "
5xlo-u 10 25 1.3
Ge Avalanche 1.06 8xlOu " " " 5 33 I.= 10-7 anp
35% d
Heterodxne
Detection 10
(S-20) MTWP .4880 10 " " " 2 1.3
15%
Ge Photodiode 1.06 30 " " " b 1.0 P. = 2x10°3 vatts
35% 1o
overcome thermal
noise
Note: B= 1 GHz. was assumed
M is based on a 6-dB noise figure for the following amplifier

opt

All multiplier phototubes should, with further development, provide
sufficlent gain to be quantum limited with GHz. bandwidths
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S/N FOR PCM ERRORS

Table c-6
Signal to Noise Ratio Probability of Error = Average 'gime Between Errors
at 107 pulses/sec

13.3 db. 102 1073 sec.
17.4 db, lO_h 107t sec.
19, 6 ab. 10'6 10 sec.
21,0 db. 10'8 20 min.
22,0 ab. | 10™1° | 1 aay
23.0 db. 10712 3 months
1078
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JPL, OPTICAL COMMUNICATIONS SUMMARY Table c-7

("A Study of Weather Dependent Data Links for Deep-Space Applications’)

Parameters:
2 2 &R 2
M= (pB)R p = S/N for Mission = 10¢ 10
- 7r B = Bit Rate (BW) = 10 b/sec. 107
R = Range (Mars) = 2.3 AU. 2.3
P = Raw Power in = 1 kw. 10 kw.
Mypr= 5.3x% lO5 AU?/joule. M= 5.3x lO5 M= 5.3x lO5

The receiver system is assumed to be sophisticated enough to be quantum

limited. Therefore, the noise spectral density (@) is given by hc/l.

A1l calculations assume the above M, then range equations are solved for

1 .
the necessary antennae sizes. (N®D,D ) where: .
. t ! number of antennae in array

i

Dt diameter of transmitter
antenna

Dr = Diameter of receiver
antenna

The receiving stations are based on the earth at selected places.

System efficiencies are estimates and may be within 20-50% of the actual values.

Atmosphere: CO, LASER OPTICAL SYSTEM AT 10.6 . Table c-B
transSpPariency ceeecsececscccscsccacs 0O %
efficiency due to loss of coherence. 90%
atmospheric efficiency ....... 776.5 9
unobsecured telescope aperture ..... 88 %
transpariency & reflectivity
OF OPLICS seveeeececcsnsssnoscaes 82 %

Optics veveeas T2 %

For the entire system:

Transmitter power conversion ......... 12 %
Transmitter optics ..e.ceeeeccoccassaes T2 %
AbMOSPHETE teieararerecsacsacscsosenss 70,5 %
ReCeiver OptiCSs seeeseecoccscecsencees 72 %

Detector quantum efficiency .....eo.... 40 %

N (system efficiency) = 1.9 %

watts/Hz.



JPL SUMMARY (Cont.)

CO, Laser at 10.6 .

2
Wavelength 10.59 u.
Receiving System Noise -20
Spectral Density 2.0x 10 watts/Hz.
Overall System Efficiency 1.9 %
Nf DrDt 15.3 ft.

Table c¢~9 Gallium Arsenide lLaser at .87 u.

For the entire system:
Laser pPower CONVErsion seeeeceeess 4 %
Transmitter optics & antenna .... 50 %
Atmospheric transmission eeeeve.. 85 %
Receiver optics & antenna ....... 50 %
Narrow Band Filter ..eeeeeeeeeees 30 %
Postulated advanced photodetector 30 %

N (system efficiency) = .0765 %

Receiving System Noise Spectral Density (@) =2hc/1 = L.566 x 10719 watts/Hz
3 2
Ni DrDt = 31.7 ft.



NASA/HUGHES OPTICAL COMMUNICATIONS SUMMARY Table c¢-10

("Optical and Microwave Communications")

Parameters:

The receivers are FEarth based,
PCM is used.

Mars Vehicle to Earth-Based Ststion Laser Transmission Analysis

(8)

Parameter Tonized Argon Laser C02 lLaser

Wavelength 0.5 M. 10.6 am.
Range, R 1.852 x 108 km. 1.852 x 108 km,
Transmitter power 4,0 w. 6.0 dbw. 130 w. 21.1 dbw,
pntenna gain (1) Trans,  12.7 em. 115.3 db. 1 m. 106.7 db.
Transmission loss (2) t= .85 -0.7 db. t= 0.7 -1.k db.
Spreading loss 1/h,.R2 -236.7 db/m2 1/k R -236.7 db/m2
Atmospheric Loss (3,7) 0.40 -4 db, 0.40 -4 db,
Receiver Aperture Area(u) 78.5 m2 18.9 dbm? 78.5 m2 29.3 dbm2
Receiver Loss'’) 0.27 -5.7 db. 0.27 ~5.7 db.
Received Power -106.4 dbw, -100,6 dbw.
CNR 10.0 db. 10.0 db.
Detector quantum efficiency 0.20 ~7.0 db. ’ 0.20 -7.0 db.
Allowable Noise Power -123.k4 dbw. -117.6 dbw.
hf | 3.97x10717 -184.1 dbw/Hz.  1.88x107° -197.3 dbw/Hz.
Noise Bandwidth (2 BO) 1.15 MHz. ‘ 60.7 dbHz. 93 MHz. 79.7 dbHz.
Maximum Transmission Rate  1.15 x 10~ Bits/ sec. 9.3 x 107 Bits/ sec,
Note:

(1) For defraction limited beamwidth of 1 arc sec at 1=.5u. & 2.67 arc sec at

1= 10.6 M. ,
(2) Beam deflector t.= 0.85, modulator t= 0.85
(3) Rain losses 30 db, fog and snow losses 80 db
(4) Assuming 30-meter spherical antenna, effective diameter is 10 meters
(5) 10 R filter, t= 0.35; antenna, t,= 0.90; beam deflector, t = 0.85
(6) CNR= nps/etho, quantum noise limited; CNR= 10 db for Pe’s= 2.3 x 1077

(7) Rain margins not included

(8) Assumes quantum noise limited and that suitable detectors will be available
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WESTINGHOUSE OPTICAL COMMUNICATIONS SUMMARY Table c-10
(cont'ad)

(""Deep-Space Optical Communications™)

Parameters:

Bbth Earth and satellite based receiving systems are looked into.

PCM/PL is found to be the most advantageous modulation system.

The error rates are such that commercial videé'at real time is
sent from Mars

The optical system postulated is at .60 u.

Down Link Data Rate, Bits/sec.  Error Rate, Bits/sec.
Video 5 x 107 1073
Telemetry 1 x 103 10'6
Voice 3x 1ol¥ 1073

TRANSMITTER POWERS

Data. Rate  Modulation Satellite Transmitter Power for Given Errors
Earth Receiver Satellite Receiver

5 x 107 PCM/PL 11 watts 65 watts

Note:

The larger power required for the satellite receiver is because
a smaller antenna is possible in a satellite than on the Earth.
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NASA/ L.C. VAN ATTA OPTICAL COMMUNICATIONS SUMMARY

("R&D for Future Deep Space Communications") (table c¢-10 cont't)

Parameters:

It is assumed that appropriate tracking techniques for heterodyne
receivers, high speed detectors and efficient modulators are
available at 10.6 u..

From the range equation, the use of an optical system improves the
transmission gain, but degrades:
Pt because the laser is less efficient than microwaves
AT because of atmospheric effects and diffraction limitations
L (attenuation) would be greater, and intolerable in rain, fog
or clouds
Tr because of celestial noise and much less sensitivity in the

detector than with microwaves.

These disadvantages in general rule out infrared or optical frequencies

for deep space communications in the near future.

COMPARISON OF A 10.6 Ak OPTICAL SYSTEM WITH A 2.3GHz. M.W. SYSTEM

2.3 GHz 10.6 U. Heterodyne .53 U. Direct Detection
Efficiency (%) = 40 (1 kw) 8 0.3
Transmitter gain '

(1000 1bs.) 51 db. (72') 111 db. (1.bm) 134 db. (im)
Receiver dia. 64 m 1.4m Relay Satellite 1.hkm
Noise temp. 25 %k 1350 °k 27,000 %k
Quant. Effic. 0.5 0.2
Optical Effic. loss 1 db. 0.8 0.5
Modulation Coherent Coherent . Incoherent

biorthogonal biorthogonal polarization
shift

Power O db. -7 db. -21 db.

Trans. gain 0 +60 +83

Receiv. area 0 -33 -33

Noise temp. 0 =17 : -30

Receiv. losses 0 -l . ~-10

E/NO 0 0 -2

Net advantage: -1 db. -13 db.



NASA/VAN ATTA SUMMARY (Cont.) rmaple c¢-10 cont'd

Possible Improvements in db Over Present Parameters (Previous Comparison)

Power

Trans. gain
Receiv., area
Noise Temp.
Receiver losses

E/N,

Net growth:

2.3 GHz. 10.6 ik 0.53 IL
+1 db. +2 db.. +11 db.
+1h +9 0

0 +9 +9

+2 0

0 0 +3

+2 +2 +7
+19 db. +22 db. +30 db.

Assumptions To Derrive the Above Improvements

Power Amplifier effic. incrsd.

from 40 to 50 %

Transmitting Estab. of 1000l1b.,300'

gain inflatable antenna

Noise temp. Reduct. of bagkgrnd.
from 25 to 16K

Receiver area Cost limited

Receiver Already negligible
losses
E/N Improved coding

o}
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Laser effic. inc.
from 8 to 12 %

Estab. of 10001b,
bm aperture limited
telescope

Quantum limited

Same as trans. gain

Losses already
low

Improved coding

Laser effic. inc.
from .3 to 4.0 %

Tracking problem
limited

Quantum limited

Estab. of 10001b,
non-aperture limited
telescope

improved filters &
photoemissive materials

Introduction of effic.
pulse position modul.



Discussion of Cther Optical Communication Reports

The other optical communication evaluations summarized in this
section differ from our proposed system in some minute and some major
ways. The changes thus arising in the znalysis may effect the overall
results. We will look at some possible differences.

JPL Report

The assumption that the system is quantum limited is close to the
value that we calculated., The value of M used may be the same as
our system (i.e. 3=107, S/N=102, R=2.3 AU, P=10kw.). The atmospheric
effects may be ig ored since our system is outside the atmosphere.
The value of laser efficiency is lower than the value we assumed
(4% vs projected 10% for GaAs). The efficiency of the;GaAs detector
is -greater than our S-25 SCFPM. The final value of Ny?DyDy is caleulated
to be 31.7 ft.2. These are actual diameters, not effective diameters.
Therefore, the appr011mate effective diameters are D, D; are approximately
10 ft.2, with a laser power*output of 140 watts. Our sysfem has a power
output of 170 watts and a DrDt of approximately .82 ft.©, These values
are very compatible and no drastic differences exist in the final
calculations, even though slightly different overall parameters were used.

NASA /Hughes Report

No close comparison of our system and their system can be made
since the only optical systems detailly looked into were Tonized Argon (.5u.)
and CO (10.6u.) laser systems. The efficiencies used for filters,
modula%ors, antennae (when extrapolated to .87u.) yield results not in
great conflict with our assumed values.

Westinghouse Report

The assumption made in this report is that a laser system is used
at .60u, gnd postulated device efficiencies are used. The error rates
used (107°) for commercial quality video is not near high enough for
our high resolution prrposes. The modulgtion is the same as ours,
PCM/PL. They calculate a transmitter power of 65 watts necessary for
a satellite receiver. Nothing can really be said about their assumptions
or calculations, because they do not outline, in enough detail, the
assumptions or calculations in the paper referred to, However, their
power of 11 watts for an Earth based receiver seems a bit too low-
a little too close to the ideal case,.

NASA/Van Atta Report
The major assumptions ruling out optical communication systems for
the near future were: P,, A, L, and Tr' The atmospheric effects on
and I, can be ignored since our system is in space, Celestial noise
(Mars, Jupiter and stars) is negligible in our case. And the relative
positions of the Earth, Mars and the Sun are such to eliminate the
problem of direct solar radiation. In fact, the sunspot cycle will
be at its height during our voyage, thus making optical communications
look even better when compared with microwaves. Using these changes,
it is difficult to rule out a system like ours easily, especially when
the technology associated with optical communicgtions is in its present
state of flux.




UPLINK

The command uplink will provide control and guidance information
to the spacecraft for trajectory maneuvers and corrections, and supply
commands for correct functioning of subsystems. This earth-to-orbiter
system is a vital link in the Mars probe which places stringent
requirements on the use of microwaves. The 3-year mission demands a
command capability of 10 bps with at least a 20 db S/N ratio up to
distances of 2.5 AU. Environmental conditions include 50 degree K
to 400 degree K temperature extremes and 5-G launch acceleration
shocks. The system assumes the use of three 210-ft DSIF transmitting
antennas on earth, each with a power output of 400 kw at 2.1 ghz,
backed up by the 85-ft Az-El antennas with 100 kw output each.

The success of the Mars mission depends greatly on the performance
of the uplink, and reliability is the first consideration in design.
To decrease command errors, the system will be digital and glll employ
three PCM/PSK channels with a maximum bit error rate of 107° errors
per bit. The orbiter will include three S-band 2.1 ghz solid state
receivers, each capable of being addressed on independent channels
for maximum redundancy. The three antennas--the low-gain slotted
waveguide, the 10-ft parabolic dish and the medium-gain elliptical
paraboloid--will be switched between the receivers to provide for normal
and backup communications.

Assuming lossless transmission from earth, the command signal
power received aboard the spacecraft is given by

= (PA At)/()\D )

where
-Pt = transmitted power on earth
Ar = effective area of receiving antenna
At = " " Y transmitting antenna
A = wavelength of transmitted signal
D = range

With a 210-ft, 607 efficient antenna transmitting 400 kw. on 2.3 ghz
and a 2-ft. by 4-ft. elliptical Zarabolid on the spacecraft at 2.5
AU, the received power is 5x10™*™ watts. Losses would reduce this
signal strength, however, and the receiver must have at least a -160
dbm- threshold level. This design is within the present state-of-the-
art.

Typical values of each receiver package, exclusive of diplexing
and associated equipment, will be:

Weight 10 1b.
Size 500 cu. in.
Power 10 watts
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Work is presently being done on improving the receiver noise
figure and reliability, and by 1978, technology should produce reliable
receivers with noise figures of about 5db.
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ANTENNAS

One of the vital links in the earth-spacecraft microwave communi-
cations system is the antenna. Earth antennas are used for data
acquisition from the Mars probe, for tracking, and for command and
control, while spacecraft antennas direct information signals back to
earth. Improvements in deep space communications seem to lie in the
direction of larger antennas and/or greater power levels. Antenna
designs will be discussed in this section.

Earth Antennas

Presently the primary NASA tracking facility includes a worldwide
network of 6 stations employing 85-ft. diplexed parabolic cassegrainian
antennas for deep space communications, and construction of three
210-ft. parabolic reflectors is planned at DSIF stations in Australia,
South Africa, and California. Although funds have not been appropriated
for the coupletion of the Australian and the South African antennas,
the 210-ft. network should be operational within a decade. For in-
creased information rate and range, larger microwave antennas are being
proposed, but the possibility of their erection by 1978 is remote.

The 210-ft. parabolic cassegrainian antenna increases the capa-
bilities of deep space communications tremendously. The Goldstone
antenna in California boasts a 62-db gain in the S band and a 177 dbm
carrier threshold. Using the Goldstone installation, the Mars-Earth
communications system is capable of a 30° K noise temperature at a
S/N ratio of 10 db, Slight improvements of a few degrees may be expected
by the launch date. The antenna pointing accuracy is 70 seconds of arc
and the beamwidth is 9 minutes of arc. 400 kw of power can be transmitted
from the antenna.

Although the 210-ft. Goldstone dish is presently being used for
S-band communications, it is capable of being operated in the X band.
However, sky noise is an important consideration, and although system
gains are increased in the X band, system losses and atmospheric
attenuation (see Figure 22) tradeoff studies indicate the 2.1-2.3
ghz band is optimum for a Mars mission. The uplink will be 2100 to
2120 mhz while the microwave backup downlink will be 2290 to 2300 mhz.

Spacecraft Antennas

The choice of spacecraft antennas is determined by the following
considerations:

1. Size and weight limitations
2. Beamwidth and gain
3. Pabrication technlques--tolerances, strength, and rellablllty

The antenna must fit easily inside the spacecraft shroud without intro-
ducing undue deployment ox weight problems. 1Ideally it should have a
high gain and a narrow beamwidth in deep space but not cause tracking
or earth-acquisition problems. On the otherhand the antenna should
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be omnidirectional near the earth to accommodate vehicle maneuvers,
Finally, construction must be within the capabilities of fabrication
technology--for example, parabolic surfaces should be machined to opti-
cal tolerances, or within 1/16 of a wavelength while maintaining

‘reasonable antenna strength and reliability.

Deep space vehicles usually carry three or more antennas--a low-
gain omnidirectional antenna for use during the launch phase, a
medium-gain antenna for use in the midcourse phase, and a high-gain
parabolic dish for use in deep space. We have adopted this scheme to
give maximum reliability and efficiency. Each antenna will be connected
to a separate receiver, and provisions are made for switching the antennas
between the receivers in a backup mode.

The low-gain antenna must possess an omnidirectional radiation
pattern to maintain communications with the earth during launch and
in early orbital maneuvers. We have chosen a cross-slotted circular
10-ft. waveguide as our low-gain antenna, getting a nearly hemispheri-
cal radiation characteristic. During early interplanetary flight this
antenna will be diplexed for use with the 2.l-ghz uplink and the 2.3-ghz
downlink. The slotted radiator must be capable of transmitting equip-
ment, telemetry data at 100 bps and receiving 10 bps command until
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Table c-10 Parasbolic Antenna Beamwidths

Diameter S Band X Band
1. 25° 5.6
5 k.9 1.1
10 2.5 0.56
15 1.6 . 0.38
18 1.4 _ 0.31
20 1.2 0.28
30 0.82 0.19
50 0.49 0,11
100 0.25 0,06

the midcourse maneuvers have been completed with a communications
range of 1.2x107 km. After launch the medium-gain antenna will be
deployed and available as a backup.

After flight stabjilization and midcourse maneuvers, communications
will be switched to the medium-gain antenna, which will remain the
primary antenna im use until the Mars encounter. This antenna must
have a beamwidth which can accommodate slight spacecraft flight
instability. A 2-ft. by 4-ft. Mariner-type elliptical paraboloid is
adequate for this purpose, since only 100 bps downlink and 10 bps
uplink rates are required. This fixed reflector has a fan-shaped beam
about 20 degrees by 10 degrees at the half-power points, permitting
for vehicle alignment drifts. 1In case more gain is necessary, communi-
cations can be switched to the high-gain antenna, and the slotted
radiator may be used to resume control after unexpected tumbling.

InAthe Mars orbit the laser downlink will be employed, and the
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Table e=11 Parbolic Antenna Gains

Diemeter S Band ‘ X Band
1 ft. 1,7 ab - 27.h av
5 28.0 | L1k
10 34.6 h7.L
15 38.1 50.9
18 Lo.1 52.5
20 Lo.7 53.4
30 k2 56,9
50 48.6 61.L
100 54,6 674

medium-gain reflector will remain operational on the uplink for com-
mand and control. 1In addition, a high-gain parabolic antenna will

be used for the orbiter-lander link where it will be capable of handling
the large bit rates necessary for observational information trans-
mission. However, the large reflector must act as backup for the

laser downlink, and in case of laser failure, the high-gain antenna

will be switched to the earth downlink while the low-gain reflector
maintains lander communications. Thus the high-gain reflector must

be capable of high bit rates yet not introduce unreasonable
tracking problems.

We have investigated the gain and beamwidth characteristics of
circular microwave parabolic reflectors of different diameters to
operate in the S-band (2.3 ghz) or the X-band (8.5 ghz) regions.
The approximation:
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Figure c-23 Balloon Antennas

where

0

antenna beamwidth
A = wavelength
d

antenna diameter
gives the beamwidth values shown in Table 10.
Antenna gain, shown in Table 11, is given by

Gain in db = 20(log f + log d) - 52.6
where

f

d

frequency in mhz

diameter in feet

Parabolic microwave reflectors offer the advantages of high gain
and narrow beamwidths, enagbling the orbiter to transmit more information
and increasing the effective range of the link. 1In addition, parabolic
antennas are frequency insensitive and can be diplexed at 2.1 ghz
and 2.3 ghz with no significant losses. We have investigated the
possibility of using gimballed parabolic reflectors of up to 1y feet
in diameter, the maximum size permitted in the spacecraft shroud.
Problems arising from surface tolerances, mechanical strength, and
reliability were considered in the high-gain antenna choice, Earth
re-acquisition was judged a minor problem since the laser system would
already incorporate adequate provisions for platform stability.
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In our study of the telecommunications system to be used on the
Mars probe, we have also considered employing various unfurlable
parabolic and spherical antennas in the earth-orbiter backup link.
Unfurlable antennas feature substantial gain advantages over con-
ventional parabolic microwave antennas in deep space communications
and are capable of greater information rates and range in both the
up- and the downlink. Cowpared to a conventional parabolic S-band
lg-ft. antenna with a gain of 40 db, unfurlable antennas will be
capable of 50 db or wiore by 197:. The use of up to 50-ft parabolic
antennas which fold to fit within the Saturn V shroud is still
under study by industry, and further improvements in microwave space
communications seem to lie in the direction of larger antennas.

Another design which was considered featured a large inflatable
plastic balloon deployed in space. The balloon would either include
a parabolic surface or would inflate to a sphere enclosing a line
feed system, as shown in Fig. 23. However, both types of balloon
antennas require close surface tolerances, and further development
depends upon advances in industrial technology.

Despite the advantages of using these larger microwave antennas,
our choice of the laser orbiter-earth downlink made the unfurlable
paraboloids and balloons unnecessary. Even without resorting to
large transmitting reflectors, the laser system will be able to handle
information at a rate of 107 bps from a Mars orbit. On the uplink,
a smaller microwave antenna will be able to receive the 1-10 bps required
for control and guidance. Furthermore, the problems of unfurlable
antenna fabrication, pointing accuracy, and surface tolerance seem
to make it unjustifiable, at this stage anyway, to favor a large size
microwave antenna system over lasers.

We have concluded that a 10-ft. steerable parabolic reflector
for orbiter-lander communications and backup earth downlink would
be most compatible with the high capacity laser downlink system.
Spatial requirements and deployment problems limit the size of the
antenna to 10 feet, which would accommodate a bit rate substantially
less than that of the laser system. However, the primary mode of
the high-gain paraboloid would be orbiter-lander communi._ations in
which large reflector size is unnecessary; the high-gain antenna
would be deployed on the downlink only in the event of laser failure.



MILLIMETER WAVES

Millimeter waves were considered as an alternative communications
system. 1In order to justify consideration of this system many extra-
polations from sketchy reports had to be made. For this last reason,
this report will deal with what has been done in the field of milli-
meter meters, theories and laboratory results.

Generation Techniques

Two basic techniques have been utilized for millimeter wave
generation, these being scaled down versions of successful microwave
systems and development of new methods to extract energy from electrons.

In concept, the simplest of these are the scaled down versions
of microwave generators. Generation has been successful using
klystrons, magnetrons, backward wave oscillators (BWO), and traveling
wave tubes (TWT's).26

The use of these systems has been limited to the lower bands of
the mm-wave spectrum because of the extremely close tolerances required.
These tolerances, when described in terms of operating efficiencies,
result in efficiencies of from 15% to 25%, or in at least one report,
a maximum of 30%.}!

Some laboratory figures fgg such devices range from 150 watts
at 50 gc continuous wave (CW),“” to 6 KW at 5.5 mm (55 gc) CW operation
using a TWT. However, at least one klystron can match this with
6 KW at 5 mm (60gc) CW and 3 KW at 3 mm (100 gc) pulsed.2 Figure
24 helps to describe these systems of generation and gives comparative
evaluations of operation.

New methods for mm-wave extraction have been developed and in
some cases show great potential. These newer methods include varacter
diodes and doubler diode techniques, tornadotrons, ferrites and rebatrons.

Theoretical possibilities for high energy radiation from rebatron
devices have not yet been achieved. This system uses the interaction
of a tightly bunched beam of electrons passing through a hole in a
dielectric medium.

Tornadotrons and ferrites both use a spinning band of electrons
from which to extract energy. The tornatrons using a cloud of electrons
in a vacuum have successfully produced "a few'" milliwatts of power at
70 gc, while the ferrites using a band in a solid material shows
potential tens of watts at 300 gc.25

Harmonic generators have been developed to produce mm-waves
from below mm-wave frequencies. Such a system theoretically can double
the frequency with 100% efficiency. But because of conversion effi-
ciency, loses decreasing quickly with increasing fundamenti} frequency,
and increased harmonic number, this has not been possible. Using
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copper contacts in GaAs (gallium-arsenide) semiconductors, frequency
doublers have been successful. However, for communication purposes
the 1 mw. obtained as output power would not probably be useful.

In most cases, significant discoveries in mm-wave generation
have been mentioned without regard to frequency. However, it should
be noted that if either an Earth-orbiting spacecraft or a moon base
equipped to receive mm-wave radiation are available, direct Mars-
orbiter to Earth links will be necessary. 1In this case, frequency
will play an important role in determining the millimeter system which
is to be used. Lasers have higher attenuation in the atmosphere than
do mm-waves. Microwaves have extremely low atmospheric loses but
also have low bit rates as compared to mm-waves.

Millimeter waves, on the other hand, offer high bit rates (107
bits/sec) and definite '"windows'" at which attenuation is at a minimum.
These windows occur at 30 gc, 95 ge, 140 gc, and 240 gc. The lowest
attenuation figure is at 30 gc. This would therefore be the optimum
frequency in such a mm-wave communication system.

Modulation

As in generation devices, modulation techniques stem mainly from
the tried-and-true methods of scaled down microwave techniques. An
alternately magnetized and demagnetized ferrite material which can
change the direction of polarization used in conjunction with an
absorbing disk to attenuate one direction of the polarized field, has
been found to be an effective modulating device.? The draw-back
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of such a system is loss of several db during modulation. Also, the
modulator is limited to several hundred khz of bandwidth where this
mission's goal of 107 bits/sec is necessary for real time picture
reception.

A different approach to the problem of modulating mm-wave radiation

is to look at the interaction of molecular gases to such radiation.
Since a gas is composed of electric dipoles which collide with one
another as well as the wall of the container, torques can be induced
via electric fields. By intensifying the field to saturation, ampli-
fication, as well as modulation of an incoming signal, could be
obtained. This system would be highly reliable because of its high
predictability.

Tolerances

Perhaps the key devlopmental problem to adequate mm-wave communi-
cation is the amount of deviation from perfection that components
operating in this frequency range may have; in a word, tolerance.

One can begin to appreciate the problem of designing components from
their microwave predecessors when dimensions of 0.060 inches for
mm-waves come from a dimension of 3.0 inches in the microwave region.
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Tolerances of + 0.0005 inches are needed for operation. Waveguides
have a particular problem in this region. A waveguide skin depth is
on the order of 9 microinches. The surface finish is supposed to be
smoother than this. This would indicate a tolerance not to exceed
5 x 1077 inches.25

Add to this noise figures ranging from 10 db on up and one can
appreciate the size of the task to make mm-wave generation feasible
and practical.

Detection

Again, two different routes have been followed in the development
of techniques for mm-wave detection. These methods have been developed
with an eye to where millimeter waves stand on the continuous energy
spectrum as well as to what has been accompllshed using microwaves
and lasers.,

Watkins-Johnson has built a detector for the 70 - 100 gc region
which amplifies with a noise figure of 14 to 1& db. Solid state
devices such as germanium and indium antimone semiconductors operating
at low temperatures have proven to be the best types of detectors in
the mm-wave region. 1In addition, there have been developed varactor
diodes and masers for use as ''quiet' detectors. Westinghouse has
developed the most successful maser amplifier for the purpose of detec-
tion by using a pumping frequency of 65 gc and a signal frequency of
96 gc. Noise figures run about 2 db for solid state masers.

Varactor diodes operating at 50 gc have been successful with noise
figures down to 5 db,

It should be apparent that mm-waves are nearly in the optical
range, therefore, quasi-optical techniques for detection are in the
making. TImproved fabrication techniques and materials should eliminate
most difficulties now encountered.

Reception

Formulas for the minimum power requirements from a distance (D)
of 93 x 10" miles using a gain of 50 db and receiving a signal of
strength (P,.) 107 % watts on a 5 foot parabolic antenna (A,) indicate
that, with no losses considered, a 100 watt transmitter (Pt) could
be used.

4 (1) p* By

- _ 2
Pt = TGain = Ar where Ar = 0,2025 (m A

It should be noted that losses (L) are multiplicative terms in
formulas in which they appear.

s _ Pp D Ll L2 13 (m)’

t 0.17 A~ Areceived
trans

(Ref. 25)
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Slight loses will therefore have large effects on transmitted
power. Remembering that efficiencies are low for most systems in the
mm-wave reion because of the need for extremely high tolerances, it
becomes evident why mm-waves have not been used to date in space craft
communication systems.
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ALTERNATE DOWNLINK SYSTEM

An alternate method of communication from the Mars probe to
earth will be with S-band microwave, the frequency presently used for
deep space telemetry. Within the present state-of-the-art, transmit-
ting the 107 bits/sec required for this mission is a formidable
problem. :

The following approximate calculations will help to assess the
requirements for the 10’ bit/sec data rate.

The power received is given by

P =P G_A
r t t r
4&R2L
where

Pt = transmitted power
R = transmitted distance
L = system losses
Gt = transmitting antenna gain = 0.5 (Eg)z
Ar = area of receiving antenna A
d = the antenna diameter

The noise power is given by

P = kTB
n
where =23
k = Boltzmann's constant (1.4 x 10 watt sec/°K)
T = the noise temperature seen by the receiver (50°K)
B = bandwidth (5 + Rb)
Rb = the data rate in bits/sec

P

A signal to noise ratio of S/N = 7. = 10 db., is required to receive

n
meaningful data with a 3 db safety margin.

At the present time, the values for the above parameters are
as follows:

Gt = 42 db §18 ft. parabolic disk)

Ar =3 x 1ollsq. meters (210 ft. Goldstone antenna)
R = 2 x 107 meters

L = 10 db
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Power Requirements For Various Antennas Table c-12

210 ft. 600 ft, ground antenna
qs ’
% 18 ft. 32kw Tkw
P
data rate E -
lO7 bits/sec o
ey 50 ft. 2,3kw TOwatts
3
7
&
5
4
o 210 f%t. 600 ft. ground antenna
g
8 18 ft. 3.2kw 100watts
data rate i
106 bits/sec &
5 50 ft. 230watts Twatts
a
g
0
g
£
4o

Using thes. values and %1 = 10, we find:

P =P x 1.1 x 10-17
r t : -21
P =R, x 3.5 x%x 10 watts
n b
Rb = 31? Pt
with Rb = 10 bits/sec
then Pt = 32 KW

This power is much too high for use on a spacecraft and, therefore,
the other parameters must be improved to make this type of system
feasible.

It should be possible to improve the antenna gain by using de-
ployable or inflatable balloon-type antennas. Work is now being done
in these areas and significant improvements may be obtained in antenna
design in time for use on this project.* If a 50 ft. diameter antenna
were developed, the gain for the antenna would be given by:

*See Antennas.



_ o.s(nd\2
Gt = 0.?( )\) = 54 db.
for Rb = 10 bits/sec
Pt = 2.3 kw.

Another possible improvement appears if the size of the receiving
antenna could be increased. If a 600 ft. antenna could be constructed,
the transmitted power required would be reduced by a factor of 30
over that obtained for the 210 ft. antenna and still maintain the same
data rate.

It is not likely that any significant improvement can be made in
the coding to reduce bandwidth or that the required S/N could be reduced
since the S-band receivers are now refined to a noise temperature of
17°K.

Transmitters

The transmitter capable of such high power on board a spacecraft
is a problem which could be solved by using a large number of travelling
wave tubes (TWT) in parallel. However, at an efficiency of 30-40%,
the absolute maximum out put power for this mission would be on the
order of 2.5 KW, This would mean, if no antenna advances are made,
the maximum data rate would be 7.5 x 105 bits/sec, and even this would
represent a large heat dissipation problem.

However, it is quite possible that a 50 ft. antenna will be available
for use by the time of this mission. 1If this is the case the S-band
system could usg 10 250 watt TWT's in parallel and achieve the desired
data rate of 10’ bits/sec. The use of 10 tubes in parallel gives
reliabiligy to the system because even with 50% failures, a data rate
of 5 x 10 could be maintained. The bit rates and power required
for various antenna systems are shown in Table 12. A system such as
this would require a refinement in our present knowledge of deep space
heat dissipation. Large heat sinks could not be used due to inter-
ference with the solar cells and camera.

Due to the high power requirements and the large antenna sizes
that are necessary for this project, the laser system was decided
upon. However, if large antennas can be developed, a 107 bit/sec
S-band microwave system would be entirely possible.
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MULTI-SPECTRAL LINE SCAN CAMERA

Light Intensities and Detection

The multispectral scanner detects reflected sunlight from the surface
of Mars. The power incident over a wavelength band of aN from a ground
cell of a length a oh a side gathered by a lens or mirror of diameter D

is given by A 5
- 2t 2
R=aD Fﬁf’x, é?LI Cos VDA

where P, = incident power on the surface
P = the surface reflectivity
¥ = the atmospheric transmittance
¥ = the sun vertical angle
v = gltitude of the satellite

The surface reflectivity varies with the composition of the surface

from ~ ,05 to more than .5. Unfortunately the most inte 'esting areas

are likely to have a low reflectivity. For a sample calculation

P = .1 seems reasonable, and an atmospheric transmittance of 0.8

is conservative for any of the bands used in our proposal. From the
selected orbit, the aygrage sun zenith angle will be gpproximstely 700.
The altitude is 2x10 meters and the bandwidth = .lx or more. Solar
power incident on Mars is about 1%8 the level at 1AU, or about 750 watts/m°“.
Using these numbers P =6.36x10""“ watts, which represents more than

10 photons/sec. At the shortest wavalength involved, this level is
more than sufficient for detection at the prescribed scan rate., Pictures
in all bands at a usable signal to noise ration can be expected for most
of the orbit.

The light to be detected is subject to optical attenuation in the
optical fibers and mirrors. The attenuvation can be calculated from known
reduction and packing factors of the optical system.

r=RB aga
P, = .67 = the packing factor on the image plane, and B = .65 = the
packing factors of the multiple bundles. These packing efficiencies
can be computed from the geometry of the plane and are a measure of the
reception efficiencies.

™r*
P--x |
is the reduction factor of the image fiber optics which is a function of
the total length and diameter. 4, and 6 are reduction factors for the
mirrors, lenses and prisms.

0:003 = -90 for the system

These parameters yield a total system reduction of 36.4% or o = .364,
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Data Bit Rates
The data transmission rate is determined from

B.R. = Nn C,

where N is the number of cells covered in g unit time, n is the number
of bands to be transmitted, and C is the bits per data point7 The data
transmission rate of the communications link was given at 10' bits/sec
Within this remarkably libergl constraint the data production rate ,
parameters had to be optimized to yield the most return for the received
data.

We assumed that the raw data could be compressed by g factor of 3.
This figure is conservative by present day standards, however, state-of-
the-art in this area indicated that 5 is not an unreasonable figure.

The 6 bit format over five channels was selected. The wavelengths of
these channels lie well within the capability of the optical system
to resolve to the prescribed two meters, represent the spectrum near
the solar peak, and the regions of most intense interest for photographlc
investjgation. Using the 5 band and bit format the data rate is
3.0x10"N bit/sec., where N is given by the resolution cell dimension,
ground velocity and swath width.

N = VL

‘N

where V =3.2x103 m/sec s --lO3 m, and a = 2m. For the given numbers
our point_rate is 8x105 p01nts/sec. The overall data production rate
is 2.l&x107 bits/sec. App%ylng a compression factor of 3 to this rate
yields a bit rate of 8x10 bits/sec. for transmission.

Mars is a low contrast object over most of the surface., The 5 bit
word was selected as being sufficient since 5 bands are detected,
This gives a sufficiently fine shading differential and still retains
a reasonable dynamic range. The use of an 8 bit word was investigated
but was rejected as too fine a 5 band system, although there is no way

to be sure of the informational redundancy of a particular code when little

or no information is available about the nature of the object being
scanned,

The particular coding procedure and word length selected is con-
siderably less critical as a system constraint than illumination and
point rate considerations, thus considerable latitude can be allowed
in a preliminary design. Nevertheless the 6 bit word seems reasonsble
from past experience,

Object Image Scanner Comparison

Primarily, two alternatives were open for consideration as methods
for photocoverage of the Martian surface; Multi-spectral scanning and
vidicon or more traditional television techniques (frame pictures).
The advantages of the scanner are:

1. Compatibility with real time transmission

2. Higher grade information
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a. parallel, point by point production and correlation of the
spectral bands,

b, greater flexibility in choice of optical apparatus.

¢. the possibility of utilizing considerably more sensitive
detectors than can be used in the vidicon camera.

The adwgntages of the vidicon camera are:!
1. Simple construction and operation yielding‘a high reliability
2, Varisble field of view and resolution
3. Easily variable information production rate.

In order to choose between the two systems g projection of our know-
ledge of Mars in the 1975-80 period was required. It was assumed
after investiggtion that a coarse photosurvey of the planet would have
been accomplished prior to this mission,

Our assumptions on the prior work that would have occurred led us
to believe that the emphasis of our mission should lie in obtaining high-
grade, high-resolution photographs of the surface areas most important
in Martian investigation at the expense of reduced coverage.

The light levels obtainable from the desired orbit indicated that
either long exposure times or restrictively large optical systems would
be dictated by the use of wvidicons.

These considerations led us to the selection of the multispectral
scanning concept.

Image Versus Object Scanning

Several existing systems and proposals were exsemined to determine
their adaptability to our mission requirements. The most representative
of these were the Hughes Multispectral point scanner and the Stanford
Earth Resources Sagtellite proposal., The Hughes design was developed in
conjuntion with the Applications Technology Satellite. It utilized
a vibrating mirror object scanner. The Stanford Group proposal used
an image scanner system employing a high speed motor system. It was
decided that the motor scanner was a better choice for our mission
because of the speed limitations inherent in oscillating a large mirror.
Also an oscillating mirror system suffers from duty cycle limitations
that make it incompatible with real time transmission for continuous
coverage.

A sample calculation clarifies the disadvantage of the object
scanner. With a ground velocity of 3.2 km./sec. 2 m. resolution dictates
1600 lines scanned per second. Using s nominal value of 10 channels
before restrictive detection complexity becomes a constraint, this requires
a mirror scan rate of 150 Hz. It is unclear how this could be accomplished
using a mirror of the size reguired (1.5x1.2 m.). This high scan rate
could also be the source of linearity problems near the edges of the
mirror.
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The use of the Stanford concept allows with some modification the
use of more channels for scanning than need be detected. For example,
in our actual design the image falls on 16 channels; however, because of
the scanning arrangements only L separate detector packages are required
to detect the light on all sixteen channels.

The scanning motor of the Stanford proposal camera rotates at
relatively high RPM (10000). Our system reduces this figure somewhat
through the use of riore channels and the reduced orbital velocity at
Marsy however, this problem of high speed rotating devices maintaining
the flne tolerances with a relisbility required by this mission has yet
to be solved and is an area of research requiring investigation.

Calculation of Focal Plane Image Sizes and Flber Optic Acceptance Angles
The calculation of focal plane sizes and fiber optic acceptance
angles is routine, The sizes of the fiber optical tubes and the half
angles involved for this system are all intentionally conservative
and well within the state-of-the-art. The separation distance between
the image fibers and the scanning fibers was increased to as large a
figure as was felt reasonable., This was done to minimize the technical
problems of close tolerance maintenance in the rotating scanning system.
However, these problems are still important and must be further investigated.
Proposals of rotating scanners of higher speed and more critical tolerance
intervals have been made and represent an important field of investigation
in multispectral scanning.

Calculation 1:

Size of focal plane and fiber optics in plane if 2m resolution and
1 m swath width is desired.

size of plane = ¥ g w=1km = swath width
h h = 200 km = satellite altitude
F=48m= focal length
size of plane = 2.4 cem

Calculation 2:

size of resolution element in image plane = a
h
size of ground resolution cell

m = focal length
km = satellite altitude

F

a
F
h

N £

m
.8
0

size of resolution element in image plane = 48 n

Calculation 3:

fiber optic pipes used for scanning

30m b=4d+2c sin@
. D (= b = diameter of scanning fiber
4§}l e b optie pipe
-———___—\\\\\\‘—_—i_——~ d = U8u = size of image on
image plane
b = 63/,= diameter of scanning 0= 14.5° = dispersion of light
fiber optic pipes out of fiber optics

which is the same as
the light entering.
D-4 This angle is a function
of the size of the
aperature over the focal length



Vidicon Video Subsystem for Extremely Fine Resolution Photography

The use of the large diameter primary mirror in the Multi-Spectral
Line Scan system was dictated by illumination restrictions arising from
high speed scanning requirements. The resolvency of the scanning system
cannot, unfortunately, be made to match the optical diffraction limit
of such a system; however, the size of the mirror is such that the
system offers attractive possibilities for extremely high resolution
photography.

The diffraction limit of a telescope lens system is a function of the
diameter of the primary mirror. The angular resolvancy is given by
LZ2ZN
9 = D
this yields for the 120 cm mirror an angular resolvency of 0.5u radians
at a wavelength of 0.54. This angle subtends an arc length of 10 cm
on the surface of Mars at an altitude of 200 km.

The light intensity from such a small area precludes scanning to
this resolution; however, if a vidicon were introduced at the image plane
and the camera was servo controlled to remain fixed on this point,
a high resolvency image could be obtained.

The illuminagtion from 20x20 cm ground cell gathered by the primary
mirror indicated that the telescope must be maintained on the object for
a considerable length of time. Using approximate figures of 3004 amp/lumen
scene brightness at one foot lambert and neglecting considerations arising
from time exposure problems, the time required to form an image of signal
to noise ratio compatible with the communications data link is on the
order of one to ten seconds, This would require extremely accurate
servo control of the camera platform and scanning mirror. At 200 km
the mirror angular velocity is about lo/seg. This would have to be
accurate to 0.5u radians or one part in 10” to be maintained for one
to ten seconds. This problem offers an attractive area of research
and development for future work. The high tracking accuracy required
is very close to that required by the laser communications system,
Thus there exists a possibility of slaving the camera to the communications
servo mechanism,

Band Selection

The selection of sensor bands and bandwidths for the Multi-Spectral
Line Scanner is controlled by considerations of sgignal strength,
transmission and detection properties, and information and scientific
value. From the standpoint of Martian surface studies, visible and near-
infrared radiation offer the best regions for resolution and comparison
of physical structures of the planetary surface, From the standpoint
of signal strength, radiation near the solar peak must be used to obtain
a detectable image at the given resolution, height, scanning rate,
etc, of the designed camera. An examination of the Mars spectral
irradiance curve shows that maximum irradiance occurs at the solar peak
of .5u and this remains at a usable level to about 2.0u . Thus, from
sensitivity restrictions, if reasonable small bandwidths (.05 - -%M)
are to be used, we must confine our scanner to this region.
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Current technology in fiber optiecs indicates that reasonable
transmittance in a single fiber can be maintained from .hﬂ'to a little
over 1.1,A. :

In order to avoid restrictive complexity in the scanning spparatus,
it was decided to limit the total bandwidth that covld be transmitted
in one fiber. On this basis, it was decided that the bands would extend
from .USu to ~1.1 - 1.2x .

Five bands for detection over these wavelengths were selected for
two reasons:

1) Signal levels in bands much less than .1y in interval would be
difficult to detect with sufficient S/N of projected photo-multiplier
devices,

2) The use of more than five bnads would result in greater scanner
and detector complexity and communicstions problems than the sdditional
data provided would be worth.

The bands were allocated into three visible, .b5 - .554, .55 - .65,
.65 « .75um, and two near-infrared, .75 - .9u and .85 -1.24,

These bands would permit observation of the surface and lower
atmosphere in three colors. The .45 - .55« band would also allow
observation of fine structures in the "blue haze," if such exist.
Also, the reflectivities of most suspected Martian surface materials
are reasonably high in one or more of these wavelength channels.

The overall sensitivity of the camera could be increased through
the combination of two or more of these bands, lying adjacent to each
other, onto one photomultiplier. This could result in an image formed
on the dark side of the planet if the scan rate were reduced somewhat;
however, this instrument can only work well over the sunlit regions of
the planet.

The possibility of including a longer wavelength band using cooled
detectors and scanning techniques other than fiber optics was considered.
One such proposal was made for a 10 - 12.54 band which would be scanned
behind a slit on the image focal plane., This bandwidth would be
to much lower resolution than the optical and near-IR radiation (~50 - 100u ).
This proposal was rejected because it was unclesr what value could be
derived from such a system that could not be essentially gained from
IR radiometric techniques. Experiments yielding temperature maps and
IR atmospheric readings would already have been performed or are
provided . for elsewhere.

The size of the image plane is such that considersbly more detection
equipment could be placed there than is called for in the basic Multi-
Spectral Line Scan design. :

One addition that was proposed was a correlated Lidar altimeter that
would produce range and altitude information parasllel to the image
scanner and to the same horizontal resolution. This proposal is discussed
elsewhere in the report.
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LASER RADAR PROFILE MAPPING SYSTEM

The following pages represent an analysis of the proposed laser
radar mapping system. This includes a brief discussion of general theory,
an analysis of the important parameters, and various conclusions reached
from the analysis. Five radar systems were investigated--incoherent
side-looking radar, coherent synthetic-aperature side-looking radar,
bistatic radar, pulsed laser radar, and frequency modulated continous
wave laser radar. The later, FM-CW laser radar has been chosen as the
best system and the analysis follows. A discussion of the other systems
mentioned follows this main report.

Theory

Before any design can begin, one must know some general theory of
radar mapping. The following represents a cursory examination of the
basic principles. '

Like conventional radar, laser radar transmits a wave that will
propagate through space (or atmosphere, but, of course, with absorption
and scattering) until it encounters the target. The target will scatter
the laser wave in all directions. Some of the energy, however, will re-
turn to the receiving antenna where it can be analyzed. The distance, R,
from the transmitter to the target is given by _ MCT sin
R= - . (ref 1)
sin © + sin @

Where M is the propogation constant of the media
C is the velocity of light
T is the time of travel
e, ¢ are the reference angles for pointing and receiving
the beanm

The only critical unknown is the time of travel, T. For the proposed 200
km synchronous orbit, T would be approximately 1.33 milliseconds. There
are various schemes of determining the time or getting around of direct=
1y computing this quantity.

In the proposed frequency modulated continuous wave optical radar
(FM=CW), the transmitter frequency is changed as a function of time in
a known manner. Assume that the transmitter frequency to be modulated
is a triangular frequency modulated waveform as shown in Figure D-2.The
dashed line in the figure represents the return signal. If the local
frequency signal, which has a time delay T', is heterodyned with the
return signal in a mixer, a beat frequency will be produced. The beat
frequency is a measure of the target range. If the frequency is mod=-
ulated at a rate of fy over a range af, the beat frequency is

fp= (T - T') 2 fpAf (ref 2)
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Substituting for T in (1) yields

_ MC sin @ (

)
R”sin@#sin¢ +1)

iy
2fmaf
Thus the measurement of the beat frequency determines the range R.

Another important application of lidar is that it can measure the
rotation speed of a body to high accuracy. This is accomplished by ob~
serving the Doppler shift of the returning carrier waveform. The Doppler
shift fg is given by

2 Vr
~ eV
fa = =3 (ref 3)

where A is the carrier wavelength

Vy is the radial component of the
veloecity of the target

But Vpy is related to the angular rotation of the target by
where © is the instantaneous
elv. angle of the scanner

v |
W= ———rr——T (ref 4)
o (hir h is the orbit altitude

r is the radius of the target
Therefore, substituting for Vy in (4) gives
___fa
W= 2951141-5

Thus measurement of the Doppler frequency shift determines the angular
velocity of the target.

Transmittance of the Atmosphere

Absorption, turbulance, and scattering are the three main sources of
energy loss encountered in propagation of electromagnetic waves through
the atmosphere. A light beam passing through the atmosphere suffers both
absorption and scattering. The attenuation in a pure atmosphere consist-
ing only of permanent gases is caused by scattering from the gas mole-
cules and is proportional to the inverse fourth power of the wavelength.
Consequently, the attenuation of a 1 micron laser could be reduced by
1/81 by raising the wavelength to 3 microns. The absorption bands of
CO» occur at 2.7 m, 4.3 », 15 p, and for 03 they occur at 4.3 n, 9.6 u,
and 1k4.2 B. TFig. D-3 shows the spectral irradiance outside the terres-
trial atmosphere of Mars. There seems to be a window in the 2.3 u to
3.5 u range. Consequently, a wavelength range of 2.3 p to 2.6 p or 2.8 p
to 3.5 p would be the best choice for laser operation in the Martian
atmosphere. Shorter wavelengths (.4 pm to 1.2 u) were not considered be-
cause of the possible interference with the proposed multi-spectra system.

The present state of the art of CW lasers shows CaFp Dg +2 goped
laser (.75 watts) operates on the 2.36 p wavelength, CaFp U3t doped
laser (1 watt) operates on 2.5 ) wavelength, Xe gas laser operates on
3.5 u wavelength, and He Ne gas lasers operate on many wavelengths in
the required bands, but with only low power.
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Svectral Irradiance (watt/cmz-micron)

Figure D-3 Spectral Irradiance of Mars
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(1) calculated irradiance from Mars, at brightest, due to
sun reflectance only.

(2) calculated irradiance from Mars, due to self-emission only,
Superior planet at opposition.

(3) Calculated irradiance from Mars, due to self-emission only.
Superior planet at quadrature.



Proposed System

General Description

The system to be considered is shown in Fig. D-4 It is a frequency
modulated continuous wave (FM-OW ) laser altimeter. The transmitter has a
laser source, a modulator, and an opticel transmission system. The mod=-
ulator is also connected to a local oscillator through a delay line,
which feeds into the mixer of the receiver. The receiver has an optical
receiver scanning system, an optical amplifier, a mixer, amplifier, dis-
criminator, and processing system.

In the transmitter, the laser source generates a light beam with s
power of Py (9. ) watts, which acts as the carrier for the modulation.
The modulator imparts to the light beam a variation which contains the
information in a bandwidth of of Hz. The optical system has a transe-
mittance which accounts for the losses of the system, and optical gain,
Gt , which normalizes the power in the beam to that from an equivalent
isotropic radiator. Gy = EE s, where L. is the solid half-<power

beamwidth of the transmittér beam and given by - 703 ; where &d
is the angular resolution. N n

The optical receiving system collects and focuses the power to the
amplifier which in turn is fed into the mixer. The local oscillator
signal acts as the reference signal required to produce the beat frequen-
cy. The beat frequency signal is amplified and fed into a frequency
discriminator. The discriminator output is a voltage proportional to
frequency and is continous rather than discrete. This is followed by a
signal to digital conversion unit.

Pointing Optics

The transmitted beam will be directed towards the surface of the
planet by focusing the laser beam through a lens and onto a rotating
warped conical mirror. The light impinges on the side of the cone and
reflects off at a predetermined angle and down on the planet. Any given
element of the cone will have a specified slope; thus giving a particular
direction to the reflection. The cone, of course, will be warped since
each element will have a different slope. The cone will be rotated at a
speed that will give the required sweeping rate. Fig. D-5 gives a rough
idea of what is to be desired.

Scanning Optics

The scanning system will be quite similar to that of the multi-
spectral camera system. For 2m resolution with a swath width of 1 km,
there must be at least 2000 fiber optics. These fiber optics will be
scanned 1400 times per sec. This figure corresponds to a motor speed
of 96,000 rpm which is quite high. This speed can be reduced by a
factor of eight by packing the fiber optics in a gquarter circle instead
of a full circle and adding another scanner motor (let each scanner
scan 1000 fiber optics) and switching system. Future work should, howev-
er, be done in trying to reduce the scan rate by other methods. Once
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the fiber optic has been scanned, it is fed by other fiber optics to the
detector. Figure D-6 shows the optical scanner system.

The possibility of using the scanning system of the multi-spectral
camers system to monitor the return signal of the laser has been inves-
tigated briefly. It does seem quite feasible and thus some of the redun-
dancy of the observation systems could be reduced. Also, it would be
possible to achieve a more positive correlation between the laser and
camera maps. This system is contained in abstract form in the appendix.

Stability Reguirements

Since the data rate can be continous using the FM-CW altimeter, the
platform stability must be within to & besmwidth of the optical systems.
This requires a continuous platform stability of 1 second arc (in roll
and pitch) for receiver and transmitter optical and laser components.
The yaw stability is less critical and will be governed by communication
restraints.

Transmitting Optics

It was decided to use 2 meter resolution to be consistent with the
multi-spectral system and thus give good correlation possiblities. For
a 200 km orbit, 2 seconds of arc beamwidth is required. These require-
ments are well within the present state of the art of optics.

Receiving Optics

The aperature arc of the primary collecting parabolial mirror will
be taken as 1 square meter (which is in full agreement with the multi-
spectral system), and with a hyperbolical secondary mirror forming a
pseudo-Cassegrainian reflective optical system. The optical system
transmittance was taken as .6 which includes the losses in a 10 Angstrom
optical filter to exclude background noise lying outside the spectral
region occupied by the returned laser signal.

For the detector, a Bolometer or cooled semi-conductor could be
used. Phototubes with the present state-of-the-art give practically no
response for any wavelength greater than lu. A responsivity of .4 pa/uw
and rise time of 10-11 seconds with a dark current of 10~9 amps were
chosen as values that could be expected by the next 10 years. Photomixing
will be accomplished by photomultipliers. Traveling-wave phototubes and
photodiodes are also possible choices.

Proposed System Parameters

The following system parameters represent the proposed FM-CW laser
radar profile mapping system.
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Figure D6 Receving Scanning System
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SYSTEM PARAMETERS

Velocity of Spacecraft (V).ueeeeeoreeoreeoscossnsanccess 3.4k xm/sec
Altitude of Spacecraft (h).ecevecereeo.. ceeeereanas U 200 km
Transmitting Aperture Beamwidth (6)... ...... cecesseseiss 2 seconds

Transmitting Optical Transmittance (ng)...eceevceeseso.s 0.9

Receiver Light Amplifier Gain (G)e.eeeseeeeecocsas ceves. 30 db

Receiver Optical Transmittance (np)eececeeeccese.. ceeeaes 0.6

Receiver Aperture Area (Ay).ceeeeececocsnes Cerereeaenans 1.0 m?

Signal-tc-Noise Ratio (¥)eeecererncenenaas et eereeeaees 10

Operating Wavelength () ...eeceoeecerrcansnnsens ceeeees 2.5 n

Modulation Frequency (fp)eeeeeceveesareens Ceceereceeaans 1.14 khz

Ground Resolution (TR)eveceeceecensnceaanons Crereaeeanan 2.0 m

Atmospheric Transmittance (T)............. ceeeeans ceeose 0.90

Ground Reflectance (p)....... ceeene e eeeerresaeneaaneens .03

Detector Responsivity (R)eveeveeceeeeecons et receneeas .40 pamp/n watts

Data Rate (DR)..... Ceeeeeecneretarasenes Cereeeeeeenenaen 800 k res.elm
sec

Bandwidth (Af)eeeeceveieeeceesosoecsosonsoasannns veeeeeas 10 mhz

Swath Width (W)evvvverveverveoncononnns Cetreteecerneeees 1 km

Range Accuracy (&r)....... Cereeeas Ceeeareenenenane ceeees l.5cm

Scanner Rate (§)..ccevececnnns Ceeereeracatececeneaeneans 96 K rpm
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INPUT POWER REQUIREMENTS

Transmitter
3.08 watts
CW Laser.....voeee. -005 efficiency "ttTttTirere 617 watts
MoAULAtOr . e cveveoensosesvscsrososcosscsosccanosoes 25 w
Receiver
. s .2 watts
CW Laser Amplifier.......... 00T efficiency °°°°" 200 w
. . .1 watts
Optical Laser Oscillator.... 00T efficiency "' 100 w
Photomixer, Amplifier, & Discriminator......ceceos 50 w

Processor (Spectrum analyzer and coding).......... 100 w

Servomechanisms. scceeoseeoooosssscoosossoscsososcss 10 w
Total 1102 w

The receiver electronic circuit components are all solid state.
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SYSTEMS WEIGHT

Transmitter
Optical System (lens & rotating mirror)........ ceeeses 1510
CW Laser....... eeeerovaannane s essesecesessessaasenoes 50 1b
Modulator...ceeeeevoceons seesese tseseseseecsresnene oo 11b
Receiver

Pseudo~-Cassegrainian Reflector Optical
System (an aperture of 1.17 m and made
of coated beryllium metal, parabolidial

MITTOT ) veeernennncnsn fhereeeene. C et edeeenere s 20 1b
CW Laser Amplifier........ccoceee tesecsianoos eeesassess 10 1b
Optical Local Oscillator........ csaensssesescsasasans . 10 1b
Photomixer detector (Bolometer), Delay

Line, Amplifiers, Discriminator..... tesssesensonesnoas 50 1b
Indicator or Converter..... coeeesrens eesessaserecenas 50 1b
Optical System Pointing Servomechanism........... .ve. 10 1b

Total 216 1b
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SYSTEM PHYSICAL SIZE & VOLUME

Transmitter
Transmitter Optics (lens & rotating mirror)........

CW Laser with Modulator (10 inches diameter
and 3 feet LONg)eeererveecosoosneirorenoosnssannans

Laser POWeY SUDDLYercereeesccessssscnssacasacanses .
Receiver

Pseudo~Cassegrainian Optical System with
photomixer (3.2 £t dia. & 3 £t 1ONEeeerereeroenna..

Laser Optical Amplifier (4 in dia. & 10 in long)...

Laser Local Oscillator (4 in dia. & 10 in long)....

Laser Power Supply....... fetecceceeanteaeeanaanns ..
Amplifier, Delay Line, Discriminator.....ceeeveee..
Processor or Indicator Unit....... cesseesan essenens

Total
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System Calculations
The velocity of the spacecraft will be taken as 3.4l km/sec for a

200 km sun synchronous (85%) orbit. The usual desired signal-to-noise
ratio of 10 will be assumed. Receiver light amplifier gain will be

30 db, for present state-of-the-art amplifiers. Atmospheric transmittance
of Mars will be taken as .9 which is reasonable since the atmosphere

is thin and a 2.54 wavelength provides little absorption of the wave.
Receiver and transmitter optical transmittances will be taken as

.6 and .9, respectively, which are conservative estimates, con31der1ng

the present state-of-the-art.

Tramsmitting Aperture Beamwidth

A high resolution of 2 meters is desired with a swath width of
1 km. This means that the beam can only diverge 2 m after traveling
200 km or

P Zm -
/3= 'T? ke tuogu&iams
We also know that
RN where k2 is equal to 1.22

/l, = '%6" D is the diameter of the mirror

Hence if a focusing mirror were used
3
D= KN _ (1DGs X6°) m .
(® 1x6® rad 50 cm

Bandwidth

The bandwidth is a critical factor. It must be made large enough
to compensate for the Doppler shift, i.e.,

o5 > ¥,

By having a large bandwidth, extremely high range measurements can be
made, but high laser power results since the required laser power is
directly proportional to the size of the bandwidth. Consequently,

the bandwidth will be made as small as possible to meet power restraints.

The Doppler shift frequency is given by

where Vi, is the circular surface

_F _2Vm$ _L —L) velocity of Mars
- N ,.
s 18 half of the swath width w.
Therefore, 5 (23(3.548 %\(Wm) e 3 1 "
of 2.5 X (6% m (34ka+“°“* * Tomie

Hence, le’cq‘. = 10 mhz for the system.
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Modulation frequency
The area that must be observed per sec is

A= VW= (.20 “ﬁ)(q kwm)x 230 kem®

e .
Therefore the time spent on each resolution element (2mx2m) is
Am ‘h\‘
Tees =~ 7 Fao e T V25 e

We should want to count about 4O cycles in this period of the beat
frequency. Hence,

We know that

-& = (v-tN2f.0f

Assuming that T-T= 1.4 millisec for a 200 km altitude, then

= = = |4k
'F“"cr-r')uf o =Sl

Nata rate
The data rate is just the inverse of 1;5, the time spend on each
resolution element. Therefore,
\ \ oo K resolublon elemerts
- €
PR = 1;,5' Liﬁksu: SeC
If it is desired to have a four bit word or in other words, a 16
gray level scale, then

DR = 32 wego bits/second
Ground re?lectioq

A ground reflection coefficient of 0,03 was chosen as a reasonable
value for reflection of laser light. This value was based on Table D-1.
Although the reflectances are for wavelengths ranging from .h&u to
.58,“,'these values should represent ball-park figures of what can be
expected., A more detailed study can be made later in determining the
correct reflection values. It might be noted that possibly by measuring
the return intensity of the laser light, it might be possible to determine
some characteristics of the ground of Mars. This method is used in conven-
tional radar to determine the dielectric constant of the material.
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TARIE D-1 Visible Reflectance of Various Large Areas
or Objects on the Earth

Type Reflectance (%)
Inland waters 3-10
Oceans 3-7
Snow 70-86
Ice : 75
Buildings 9
Limestone €3
Concrete . 15-35
Calcereous rocks 30
Field (plowed) 20-25
Granite 12
Coniferous forest 3-10
Mountain tops (bare) ol
Deciduous forest 10-15
Sand oL
Meadow (dry grass) 3-8
Clay soil 1.5-15
Grass (lush) 15-25
Ground bare (rich soil) 7.5-20
Field crops 7~15

Fiber Ovtics
The minimum number of fiber optics is given by

_ 4w @Y ) km
N= r& z o™ ~ 2000

Scanner Rate
The scanner rate is given by

.V km .
b= 2L % L e x@ Hmesler
R 2

Therefore, 2000 fiber optics must be swept 1600 times per second.
If the fiber optics were placed in a circle, this would correspond
to a rotational rate of

'Qz 96 ,0c0 fpen
Power requirements

cne signal-to-noise ratio expression will be derived and, from this,
the power required can be computed. To calculate the signal power
available at the mixer, we define the spectral radiance of the source N,
as the radiant power per unit solid angle per unit wavelength interval
omitted from the source. For the laser,

Y%

where A)‘t is the laser's transmittance beamwidth
PJC is the power of the transmitting source
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A, 1is the area of the transmitting source
e is the solid angle of the transmitter beam represented

% Q= 3—-9‘
in which 9‘ is the half power beamwidth,

Consider the wavelength interval ) and pesd If the emitting aperture
has an area Ay, the differential flux density within a beam at a distance R is

aPe 4, T 38 Ny dn

where the factor We accounts for the losses of the transmitter optics
at wavelength ) and T is the factor accounting for the transmittance

of the atmosphere. The power reflected back by the radar by the ground
is given by

dp= 9T 2 Ny, Flopi-e

Assume for the purpose of this calculation that the reflectivity of the
ground follows the cosine law distribution into the hemisphere. The
power input to the mixer is the product of G, A,/ (S dP, and Ne > where
G is the gain of the light amplifier, A_ is the receiving aperture
area, and is the factor which accounfs for losses in the receiver
optics at wavelength A . Thus

(og RY
o= G, T RE B8 N = PN

Substituting into for N yields

o< D G e T BONDEN
¥ TR Are
The detector output will be a voltage or current which is proportional
to the input flux, Let the responsivity of the detector be given by
R (\). For a photoemissive detector, the photocathode current i is

di = R(x)dPr

Substituting the expression for dPr in the above equation, one obtains

) 39

, - A.-ﬁ ROD e, T ROV AN

LY”J‘ TR ANe

The root means square signal current is given by
()= ek

where Fl depends on the tYpe of hodulation used, The average signal
current is given by

vhere F2 depends on the type of modulation used.

There are three important sources of noise in this type of system:
background, detector, and photon noise. The background noise arises
from the reflection of the sun's energy by Mars., Detector noise is
caused by various noise sources within the particular detector used.
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Photon noise is due to the random emission and arrival of photons,

For this system, as long as the photocurrent produced by the local
oscillator is larger than the dark current or the photocurrent induced
by the background, it is possible to achieve a signal-to-noise ratio
determined by the noise in the signal. Thus for the purpose of this
study, the system will be assumed to be photon noise limited.

The statistical emission of electrons at the photocathode gives
rise to shot noise. The value of the noise current is given by the
familar Schottky formula = 2elaf '

where I is the average photocathode current, It will be assumed that
I=Ir for our study. The signal-to-noise ratio is given by

=%
S . L
Wi

Substituting for the sbove expressions and solving for Pt yields
2% Fle of TR-
[ Ty
zpw431§xntnr /9
Assuming that y is 10 and we use frequency modulation (F = 2J% ,
_2), then .
_ @X0)@(16x 16" tout Y16 HeXWH2 X 165w )
©T DO I AR (4)-0 AP 03)

< 3,08 waths

A special note might be made at this time concerning why frequency
modulation was chosen above amplitude modulation. By employing frequency
modulation, a substantial improvement in signal-to-noise ratio is
obtained. This improvement is given by

e = 326

where A= géi . The signal-to-noise ratio of 10 (which is actually

for the AM case) may be increased by 20 to 30 db for wide band ™ or

low modulation frequency. Consequently, the power estimate is a conservative
estimate and should not be regarded as being toc large for satellite
capabilities,

Range accurscy

The ultimate accuracy of the FM-CW laser gzltimeter depends upon
the combined error of two factors: the measurement error and geometrical
resolution accuracy. Measurement error, of course, will depend upon
the signal-to-noise ratio, accuracy of the frequency measuring device,
the residual path length error caused by circuitry, errors caused by
multiple reflections, and the frequency error due to the turn-around
of the freguency modulation. A common error that is computed is the fixed
error (due to discrete frequency measurement),

150 w

= A (wHy)

Avr
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Thus for our system
AP==1%2'% Om

This error can be reduced by 1/1000 with the frequency modulation
diseriminator used., Hence,

BY = (Gwmm

The geometrical resolution error is8 given by
2 S At -
Ar:R(%,BA v 941—-'- ) = lox
Thus our limiting error is the measurement error =1.5 cm.

Conclusion

'he ¢M-CW Laser Radar Profile Mapping System can perform a very
useful function aboard the Mars orbiting satellite. A land profile map
is essential if landing missions are desired. The advantages of laser
radar have been made clear. The disadvantages can certainly be rectified
in the years to come before the orbiter is launched. Future work must
be concentrated in building more powerful laser transmitters and amplifiers.
The power requirements of the FM-CW lidar system at the desired wavelengths
are high, but with the present trend in laser technology, there is no
reason to doubt that they will not be attained in the next five years,
Also further research is needed in developing accurate servo techniques
and platform stability mechanisms. The laser must be gble to sweep
at high speeds if fine resolution maps are desired.
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Other Systems Investigated

Pulsed Laser Rangefinders

Much of the research effort on laser rangefinders is classified in-
formation, so the basic principles and similarities to the FM-CW laser
altimeter will be discussed.

A block diagram of the pulsed laser rangefinder is given in Figure
D-7. The transmitting system consists of an optical peointing and focus~
ing system, & pulsed laser source, and a rotating Gespoiler. The re-
ceiving system contains a Cassegraining optical system with appropriate
systems for scanning, detecting, amplifying, counting, and processing
the signal.

The absolute range is determined by the high speed counter, but
relative height of surface objects in the beam width is determined by
comparing the transmitted with the return pulse. The master oscillator
determines the data rate of relative height measurements. Since the
output of pulsed laser waveforms are non-repeatable, this type of laser
altimeter must take data on each pulse. Since the pulsed laser must be
used in the scanning mode, dwell time on any particular element is small
thus requiring a high pulse rate. These pulse rates are on the order of
mega pps. In the present state-of-the-art, pulsed lasers are restricted
to pulse rates of a few kilo-pps. However, pulse rates on the order of
10 mega~pps are hoped for in the future. GaAs lasers offer bright pos-
sibilities. Puture research is needed, however, to obtain the desired
pulse rates and high peak powers required by this system.

Parameters

System parameter calculations were made. Most of the system para-
meters remained the same as far as comparing them to the FM-CW laser
parameters. Only new parameters or changed parameters are given, thus
refer to the FM-CW laser section for system parameters that are not
reported.

Bandwidth

For good pulse fidelity, the receiver bandwidth must be about 100
mhz. Amplitude modulation is chosen which means that we must have a
high signal~to-noise ratio. Doppler effects were not investigated in
this appraisal.

Power Requirements

The modified equation for pulsed laser altimeters is:
5 _ IRTR e of
?&. = —
RAr A, T PR,

Substituting the parameter values into this expression yields:

U () CLTe i O (TR T o) (P TR
U aKA)(aF(.03) (4 )
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SYSTEM PARAMETERS

Signal-to-Noise Ratio (¥) . . . . . . . . . ¢+ s . . .. 304db
Ground Resolution (rR) e e e e e e e e et e e e e e 2m
Bandwidth (AF) . . . . ¢« . . ¢« v v v v v ¢ o o o+ s o » 100 mHz
Required Pulse Repetition Frequency {(prf) . . . . . . . .800 k pps
Required Laser Qubput Power (Pt) e e e e e e e e e e e o T20 kw

Data Rate (DR) &+ v & 4 4 o o ¢ o « o ¢« o o o » o« « +» . . 800 k resolution elements
sec

Range Accuracy (Ar) ¢ ¢ .9 & & & & & s 0o & 2 o & s e ® s . -6‘1 m

Approximate System Power Requirements (1000 pps - low power). . 350 watts

Approximate System Weight . . . . . . . . . . .. . . . .150 1b

Approximate System Volume . . . « + + v ¢ ¢ &« ¢ « &« » - . 13.5 ft3
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Range Accuracy

The ultimate accuracy of a pulsed laser rangefinder depends upon
the error in measuring pulse stretching of the received pulse as com-
pared to the transmitted pulse. Using trained A-scope operators and
‘having dual beam presentation, the relative accuracy can be made l/lO
of the rise time of 20 nanoseconds which means a range accuracy of .6
meters. Laser altimeters (pulsed) will be limited by electronic amp-
lifier bandwidth and shorter detector response times.

Pulse Revetition Frequency

The pulse repetition frequency minimum is simply the number of

resolution elements observed per second. That is:
{

—_ —
PRF = ‘rrgs = '.15'“% - 800 KPfS

Bistatic Radar Profile Mapping

Bistatic radar can be a very important tool in mapping when weight,
data rate, and power requirements are critical. Bistatic radar as op-
posed to monostatic radar has its receiving and transmitting stations
placed at different locations. Figure D-8 gives the two possible con-
figurations for a satellite-earth bistatic arrangement.

Earth-based Transmitter

The first system has its basic virtues in having the capability of
transmitting high powers and thus higher resolution potential. Earth-
based transmitters can send megawatt pulses or LOO k watt continuous
wave transmission as at the NASA/JPL Deep Space Instrumentation Facility
at Goldstone, California. Consequently, large radar transmitters are
not needed on g satellite to obtain profile maps of a planet. The res-
olution capabilities are on the order of a few miles. The system does,
however, have the disadvantage of still needing a receiving system,
signal processor, and data communication link to earth. The signal pro-
cessing and data link are not critical systems, but receiving apparatus
must have sufficient capabilities to receive a signal that has traveled
200 million miles and rebounded off of a planet. Calculations show that
the present state-of-the-art has these capsbilities provided power re-
quirements and ultimately weight restraints are not critical. If the
receiving system does meet the standards discussed, relatively good pro-
file maps can be made although satellite monostatic radar would produce
far superior maps.

The system resolution is given by:

(- J TR KT B Ry Rums
RN GG N,
where Py is the power transmitted
Renm is the distance between the earth and Mars
Rps is the range between Mars and the satellite
P is the reflection coefficient
Fy is the noise factor
X'is the signal-to=-noise ratio

K is Boltzmann's constant
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T is the system temperature

B is the pre-detection bandwidth

Gy, Gy are the transmitter & receiver gains
X is the wavelength of transmission

Assuming that Pt is 400 kw and A is 12.5 cm (Goldstone paremeters), the
resolution can be calculated. The other parameters are standard and are
discussed in the next section. Therefore:

C= | (D03bx6D W‘: 25 )(36) (10%) (20005 i (2x06% In )

[2
(AIFwatt) (105 (1 (126 wy LieD) (10° %)
Data rate calculation is totally dependent on how many resolution ele-
ments are to be observed since the transmitter will be operated in the
CW mode The higher the data rate the better the correlation between suc-
cessive pictures.

2 [.e3mi

Satellite-based Transmitter

This system seems more advantageous than the earth-based system since
no signal processing or data telemetry is required. The system merely
requires a transmitter end an antenna to direct the signal. However, the
power output has to be lowered because satellite power systems do not
have advanced earth capabilities. This, of course, reduces the resolution.
Also, the transmitter can no longer work in a CW mode, but i1s pulsed to
achieve high powers (10-100 kw). Consequently, the data rate is no long-
er continuous which gives less correlation of data. System weights are
reduced by more than 50% and system size is reduced accordingly.

Assuming the transmitter can produce 50 k watts peak power, the
satellite will have 1/8 the power of an earth-based system. This will
decrease the resolutionto:

- 1 b3 w A .
T e— = L
1, f;%' N

The data rate is dependent upon the velocity of the craft, trans-
mission bandwidth, and the angle of elevation assuming the antenna is
inclined. The development of the data rate formuls is in the next sec-
tion. The data rate is given:

DRz 2=Viiand | UNG.2 )W) bt
where x is the gray level (1076) (304g” Paed 1) ,

This value is merely a ball-park figure since the above formula is not
entirely applicable to the bistatic system. However, the data rate is
small and represents no problem with handling techniques.

Side-looking Radar

The last two systems to be discussed involve side-looking radar
technology. This technology is comparatively young to the radar world,
and much of it is of classified nature. Consequently, this report will
concentrate on the theoretical nature of radar.

In a side-looking radar system a transmitting antenna in the satel-
lite sends a short pulse of microwave energy out one side of the satel-
lite (U450 elevation angle). The energy strikes a roughly circular area
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on the ground, and a receiving antenna collects the energy reflected
back to the satellite. The greater the distance from the spacecraft to
any portion of the target, the greater the time delay in return of the
reflected signal. By accurately measuring the time delay, side-looking
radar differentiates the echoes that return to it from various smell
concentric rings. Each ring represents the locus of all points within
the large circle that are roughly equidistant from the plane.

Within any ring there is a spot just opposite the spacecraft that
moves along at the same speed as the spacecraft. At any given time, the
distance from the spacecraft to all other points on the ring is either
increasing or decreasing. Here the Doppler effect comes into play: +the
frequency of the reflected signal changes according to whether the space~
craft is approaching a given point or receding from it. As a result,
the microwave energy reflected back to the spacecraft from such points
differs in frequency from the energy trsnsmitted to them. The radar
receiver is designed to accept energy of approximately the same fre-
quency as the initial pulse and to reject significantly different
frequencies.

Because of the two disciminating effects -—— one depending on the
time delay and the other on the Doppler shift —— the radar receiver
accepts at any given instant only the energy that meets two conditions:
that it be from the narrow ring within which the time delay is such that
the energy is at that instant striking the receiving ring that is dir-
ectly opposite the spacecraft. Together the two discriminating features
provide the synthetic-aperture. This technique greatly improves the
spatial resolution of the system.

Incoherent Side-looking Radar

Incoherent radar has its prime usage where gross mapping is desired
and where fine resolution is not required. In incoherent radar systems,
the system azimuth resolution expressed as a distance varies directly
~ with the system azimuth beamwidth and range to the target, while the
range resolution is only a function of the velocity of the spacecraft,
the elevation angle, and the pulse width. Hence, radar antennas usually
have the optimum horn configuration to obtain equal resolution in both
directions.

An incoherent system operating at the short wavelength end of the
radar spectrum is optimized for some purposes, since such a system will
provide the best system resolution for a given antenna aperture. A
wavelength of 8.6 mm (35 ghz) was consequently chosen. This wavelength
has been used in airborne radar mapping systems and has functioned quite
well.

In choosing an antenna system, there were three possible configur-
ations for three distinct reasons: (1) Use an optimum horn that will
provide 2 m resclution in both range and azimuth directions so as to be
consistent with the multi-spectral camera system; (2) Use an optimum horn
that will give good resolution for an antenna no larger than 22 feet; and
(3) Use the 10 ft parabolic antenna proposed for lander communication as
a radar antenna, but of course, suffer the loss of equal resolution in
range and azimuth directions (unless the range resolution is decressed
by increasing the pulse width). For the first system, it is found that
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the optimum horn will have an azimuth beamwidth of approximately 5000 ft
which is too large for satellite purposes. The second system will pro-
vide 500 meter resclution in all directions using an optimum horn with
22 ft azimuth beamwidth. This system will alsc reduce the power re-
quirements by a factor of .003 compared with the third system. Finally,
the third proposal will provide 21 m range resolution and 1 km azimuth
resolution using a 10 ft parabolic antenna. Because antenna sizes are
critical and redundancy of antenna systems is not desired, the last
system probably provides the best system resolution.

The parameters for the system using the 10 ft parabolic sntenna
were calculated assuming a 200 km orbit and 3.2 km/ sec relative ground
velocity of the satellite. A ground reflection coefficient of =40 db
was chosen as a suitable reflection minimum for a wavelength of 8.6 mm.
Refer to Table D-2 for these parameters.

The peak power requirement for the radar system can be determined
from the classic radar equation:
where Pt is the pesk power transmitted

?t(-‘,z)f ' G is the antenna gain
rs T e » is the transmission wavelength
(47)° R o is the radar cross section

R is the range to the target
The system noise power is given by:
where F, is the system noise factor
P RKTSB K is Boltzmann's constant
T is the system temperature
‘B is the predetection bandwidth
If we let the signal-to-noise ration, S/N, equal § , then:

TR e Bk

ors
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But the radar cross section is given by:
Where m is the ground reflection
coefficient
C=MO" : rgr is the range resolution
rp is the azimuth resolution

For side-looking radar (noncoherent), the azimuth resolution is just
equal to the length of ground wetted by the antenna beamwidth in the
azimuth direction, i.e.,

= \(_3 {5AR where Ky is a.constant .
: l‘lx is the azimuth beamwidth

and therefore:

e 71’&“3 Ba R
Thereforethe peak power transmitted is simply
3 ~3
P = “r)Y R "6?; KT®

N
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TABLE D-2

CHARACTERISTICS OF INCOHERENT

SIDE-LOOKING RADAR

Operating Frequency (f) . + . ¢« v ¢« v « o o « « « + « « 35 ghz
Operating Wavelength (R) . « v ¢ v & v ¢« v o o & o « & 8.6 mm

Antenna Parasmeters (parabolic -3
a. Aperture Beamwidth () . . . . . . . . . . . . . 3,ulx10
b, Elevation Angle () . . . . . « « « . « + « . . h5°
c. Altitude (h) . . . v v ¢« ¢ v 4 4 o o o + « o 4+ . 200 ¥
d. Gain (B) & . v v i e e e e e e e e e e e e e .. 50db
e. Diameter (D) . + . v v ¢+ v ¢ ¢« ¢ 4o o v s « o o . 10ft

radians

Velocity of Spacecraft (V) . . . . . « ¢ v v v o o« 4 3.2 km/sec
Pulse Repetition Frequency (prf) . . . . . . . .. . . 15 pps
Pulse Width (W) . v v v v v v o e v e e e e e e e e e .i microseconds
System Predetection Bandwidth (B) . . . . . . . . . . . 10 mhz
Nominal Range Resolution (rR) e e e e e e e e e e e .. 21.2m
Nominal Azimmth Resolution (rA) e e e e e e e s e e 10T Hm
Tlluminated Ground Swath Width (W) . . ... .. .. .. 1.38mm
Required Transmitted Peak Power (P.) . . . . . . . . . .310 kw
Required Transmitted Average Power (Pa) e o e e s e .. 33w
Required System Data Rate (DR) . . . . . .. . .. . . .880 res. elm.
. sec

Approximate System Volume . . . . . . . . . ... e s« o 15 ft3

Approximate System Weight . . . . . . . . . . . . . . 4100 1bs



The range resolution of the system is a function of the system pulse
width, w, and the angle of elevation of the antenna, e. In other words:
we where C is the velocity of light.

r&' 28inQ
which gives
7« WORILKTB 24in0

NG N Ky By we
Using the system bandwidth pulse width constraint,

Bz 1

the peak power can now be given:
24uT WEE, KT sind
e R K pwie ule

where h is the altitude

Using basic identities, it may be presented in two more forms
g - “ey WY KY
QN Ky ppw v we

e - 1{4115‘5‘,‘.'&1"\“'“”"‘ @ where er is the azimuth beamwidth
L M@Ky B Wie is the swath width

If it is desired to have a high range resolution, then the pulse
width must be made smaller which in turn increases the predetection
bandwidth which increases the noise in the system. To maintain a§of
10, the peak power of the transmitter must be increased. With the pres-
ent state-of«the-art, a pulse width of .l microseconds was chosen to
give good resolution and maintain a small power requirement.

The azimuth and range beamwidths are equal since we are using a
parabolic antenna. The beamwidth apertures are given by:

where K2 is a constant
=3 &)‘. U-'-Eg—'%'t::) - 1is the wavelength
A O o D is the diameter of the ant.

= 3 44 X186 vadians
The range resolution is s:unply
we _ (ixte “aec) (IR 18 *sec)

"= 1m0 2 Giw 4% 22w
while the azimuth resolution is just:
gskﬁh GRS W (3 A x13? rnd) where K3 is a constant
G-L"o = @5 &8 z46Tkm h is the satellite alt.

The system predetection bandwidth is related to the pulse width by:

L
BWaS 1, or B w = W.'sc t 1OwHa
The pulse repetition frequency is given by:
0 . where V, is the spacecraft vel.
mbrces? (K32 %)034'5 relative to the ground
f"( K;‘\(SA (1.0 (200 kX244 x50 Pnd) m is an integer constant
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The illuminated ground swath width is given by
W R o kmBar X4’ rud)
T8 T Gst4s’
Knowing the preceding parameters, the peak power can now be calcula-~
ted. That is:
(;)(_q.ﬂ’(h)m)(l 38xG ‘J-"-'-—)heo K) (200 kw) (138 ku)("u\ 4°)
a N BP0 «)(mm’%—u) tr'amdz) T ek

The average power is simply

z \.36 kw

L 1o T Ve Sin@ _ (10)0300 kw) (3.20 K%eec) 5inds’ . ;

fa = = ¥ s 3.0 weoths

The data rate for this system was derived and found to be:
2mVp tand  ()E)(32 ki) 4am 45 resolwtion elements

vR= T L=t = ggo T

weky Lo hed(3aid whe) )

Coherent Synthetic-Aperture Side~looking Radar

Coherent or synthetic-aperture radar shows much promise as a remote
sensor operating from an orbiting platform when high resoclution measure-
ments are required. This is due to the fact that the system resolution
is not a function of range to the target or of the portion of the micro-
wave spectrum in which the system operates.

With conventional radar techniques if one wishes to have fine lin-
ear azimuth resolution at long ranges, the required antenna length can
be on the order of hundreds or thousands of feet. The synthetic-aper-
ture technique offers a way around this problem. The spacecraft would
carry a small, side-looking antenna, producing a beam that is relatively
wide in the azimuth direction, which scans the terrain by virtue of
the spacecraft motion. The antenna is carried by the spacecraft to a
sequence of positions which can be treated as if they were the positions
occupied by the individual elements of a linear antenna array. At each
such position, the antenne radiates a pulse, then receives and stores
the reflected signal. These stored data are then processed in a manner
analagous to the coherent weighted summation carried out in a large lin-
ear array. The processed signal bears a quantitative similarity to those
which would be obtained if a large antenna were used; in particular, the
resolution and the signal-to-noise ratio are greatly improved by the sige-
nal processing.

Since the peak power required varies inversely with the cube of
the wavelength, it is important that the wavelength chosen is not toco
small. However, it can not be made large since the data rate -is directly
proportional to it. Consequently, a wavelength of 3 cm (10 ghz) was
chosen. Much work has already been done with X-band (3 cm), and as a
result, little development would be required if this system were to
be used.

If the 10 ft. parabolic antenna for communication with the lander
is used and 2 m resolution is required, the transmitter would be
required to produce a peak power of approximately 90 mega watts with
a pulse width of 4.7 nano-seconds. The data rate is on the order of
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10 Mresolution elements per second. These values are not attainable
with the present state-of-the-art. Consequently, the system resolu~-
tion was increased to 25 m to lower power requirements.

The system parameters were calculated and appear in Table D=3,
As one can see, most of the figures are reasonable except for the
data rate. Since real time transmission is desired, this rate is
entirely too large. If the maximum data rate is a few mega bits per
second, the system resolution will have to be approximately 500 m with
the 10 ft antenna or possibly 400 m with a 20 ft. antenna.

The antenna beamwidth can be calculated using the now familiar
equation,

ok 2)(3 -2 )
Ba=Pe ’___;7\ = & \):4:"‘) s LIf X107 radians

The system pulse width, w, can be determined by assuming the system
resolution to be 25 m,

Lrasind (2.5 m)lsin 45"

e v L
One of the system restraints, namely 93> 3;%?%L , determines
the pulse repetition rate. P
)-'Fk V . . = <
(prf) = 2T . (WADB2knfe D2 knsed 252 kpps

D lo &

The predetection bandwidth is simply the reciprocal of the pulse
width (bandwidth restraint).
{ ]
B2 = Neaetsec

: aBwmis

To calculate the pesk power required, the following equation
will be used:

T Y STIEE
A T ) NG*X R Ta

This expression was derived in the side~looking radar calculations in
this appendix. A coherent radar system has the advantage of being able
to integrate many return signal pulses (signal phase information is
used) from a target. For a system integrating n pulses, the signal
power increases with n2. The advantage of this integration technique
is the fact that noise power increases linearly with the number of
integrated pulses (the noise power resulting from a random noise
process). The number of pulses, n, which are processed is a function
of the system pulse repetition frequency, prf, the system azimuth
beamwidth,,3 , the range of the target, R, and the antenna velocity,
V, and can be expressed in the form

n-e KEA (Z"'”

v
However,

13 L
ﬂA: :;: and R~ G5 6
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TABLE D-3

CHARACTERISTICS FOR SYNTHETIC-APERTURE

SIDE-LOOKING RADAR

Operating Frequency (f) ......Q.'............0.“.'...0
Operating Wavelength (J) cesececscsccosccecccscccscsce

Antenna Parameters (parabolic)
a, Aperture Beamwidth (B) .e.iceesccccasccsvsacase
b, Elevation Angle (8)..cccccececscscacssccccnssce
‘¢, Altitude (h) .s.cececcscsccccsocscossvscosnsnncce
d. Gain (G) «rveeovccvcoscssccsvssvcrsvessscccccocse

e. Diameter (D) ceecocescosssovrcesscssasocosssans
Velocity of Spacecraft (V) .scccscscceccccsccocscnssses
Pulse Repetition Frequency (Prf) cecececccececcscocses
Pulse Width (W) ccecvecccscccscacoccscosscrseascoscsscsss
System Predetection Bandwidth (B) scececscoccosceances
Nominal Range Resolution (T) cecsscccscccsccesssscsscs
Illuminated Ground Swath Width (W) eececcecscccessosas
Required Transmitted Peak Power (Pt) seossscescsssanse

Required Transmitted Average Power (Pa) s0eccsecerccee

Approximate System volume P69 006 0POOHOOSSSGEOINOSEECOEOSNOEOSNOQDOES

Approximate Systeniweight 9 006 0900800600000 080000000s80

10 ghz

3 cm,

1.18 x lo-zradians
45°

200 km
5

10” or 50 db
10 ft,
3.20 km/sec
3
2.52 x 107 pps
.118 microseconds
8.5 mhz
25 m
4,72 km

30,1 kw

1.6 x 109 res, elm,
secCe.

20 £¢3

150 1bs



Thus, the peak power is given as

p . WIPRIYEKTE (4P WY R KTBDWY
¢ NG R G n v\ézx K, (Frﬂﬁ rp s 0
Using the system bandwidth pulse width restraint,
Bw =1
and using the resolution condition o> {:;9 , the peak power is

WO WIEETYD e
7"’\6"* r? K.,_(Yr() Sin © “529
with this restraint:
db "177
T2 LFK, 2 Tor

Therefore, substituting the parameter values into the peak power
expression yields .
() (200kon) (10Y10) (13X Joues/ac) (ro"KY (9.2 Rvssoe Y(10 ) (X L0 e )

Ptf 7—\(1,0'35 ((OWS( 3 w} (?-‘-T*)’(I‘ﬂ(l-‘??-lw’ﬁ)(s;, AG")((,”’ 4_6’) - 30. 3 kw

P-

A where e~ 1o

The average power is given by
T = Prwlerf) = (303 k) (1Y (& see)( 250X 46 Z2) = Gudts

and the system data rate is expressed as
(’P@mk - _ih__K/J—: ('5 th ?/ﬁu:) 2 XLo"m) (9 cm) (‘2)

T Tafaind T (ofe) B -Y(6nd5)

9 resolution elements
(PRpus > 1L X Y R

Conclusion

All the systems investigated have their different advantages and
disadvantages. If any particular system must be chosen as the proposed
design, then the exact function of the system and the system restraints
must be made clear. It was felt that the following system conditions
were desired:

1. Average power must be less than 2 kw and peak powers should
be less than 100 kw.

Data rate maximum is 10' bits/sec.

. Antenna size should be limited to no more than the 10 ft.
parabolic antenna for lander communication.

Weight should not be critical (less than 500 1bs.).

. High resolution, preferably 2 m, is desired.

A ; B —g UUI.’\D

From the analysis, it has been shown that the FM-CW laser radar
meets all of these requirements. Two meter resolution can be achieved
with the present state-of-the-art. The most research needed in developing
this system will be devoted to the scanning system and light amplifier
system. But it is felt that these systems will be developed and more
powerful lasers will be built in the next ten years.
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Pulsed laser radar has good prospects, but the high pulse rates
required for satellite radar make it hardly feasible. If spot-check
high resolution measurements are required, then pulsed laser radar
will be worth development.

Bistatic radar is only used when weight and power requirements
are critical. Its resolution capabilities are quite limited. Since
this proposed mission will have been preceded by two or three explora-
tion missions, poor resolution maps will not be desired.

Side-looking radar, of course, has been a tremendous boon to
airborne surveillance. However, its future does not lie in space
satellite mapping systems. Power requirements are too large, and
bulky antennas introduce too many design problems.

However, coherent synthetic-aperture side-looking radar does have
a potential future. If optical data processing and reduction techniques
can be developed to a high degree, then coherent rader has a bright future.
High resolution and accurate ranging can be accomplished by such a
system.

Even though coherent radar mapping is presently being used in
Earth observation, it is felt that the potential of laser radar is
too great not to be developed. Reliability and accurate ranging are

only a matter of development and can be done within the next ten
years.
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CAMERA-RADAR SCANNER HYBRID

The prospect of combining scanning equipment for both the multi-
spectral camera and the laser radar system is quite desirable. It
not only reduces the redundancy of the entire observation system, but
allows bit-by-bit correlation between camera pictures and laser
profiles., 1If the two systems are separate, then each system requires a
scanning motor and a large parabolic mirror receiver system and
servos. It also requires servo data from both systems; thus increasing
data rate problems,

The accuracy of contour maps is improved when one scanning system
is used since it is then possible to determine quickly which picture
corresponds to which altitude reading. Data processing and probability
of error is reduced substantially, too.

Probably, the most feasible method of combining the two systems
is simply to add the 2000 fiber optics of the laser scanning system
to the 32,000 fiber optics of the camera system (fiber optics of
each system are of different material). Since the scanning mechanism
of the laser is sequential, each fiber optic must be sampled sequen-
tially., This, of course, presents a problem with channeling the
camera system. There is a possible solution in that the 16 channel
system could be abolished; thus raising the scanning motor speed
back up to 96 krpm. This can be reduced by a factor of 4 or 8 by
placing the fiber optics in a quarter circle or half a quarter circle.
The motor speed could also be reduced by a factor of 2 by adding one
more scanning motor and a switching network., (Refer to Figure D-9)
If this packing has already been done, then the fiber optics must be
placed in smaller arc angles of the scanner. This eventually causes
the system diameter to increase, but not substantially.

With this sort of a system, both the multi-spectral camera and
radar would be receiving light from nearly the same spot on Mars.
All six bands (5 camera bands and 1 laser band) would record their
findings sequentially, giving bit-by-bit correlation between systems.

The critical factors governing the above system are dependent

on fiber optic packing and on available motor technology. Both areas
need research if the system is to function well.
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MOBILE SURFACE TLABORATORY -~ DETATILED DESCRIPTION

This mission has included a roving lander in its overall configuration
to further aid in data acquisition. The following is a general descrip-
tion of that system.

The system selected is, to a great extent, that speculatively
designed by McDonnell Astronavtics in conjunction with A.C. Electronics
(GM) of Santa Barbara. To these corporations, and some very helpful
engineers at the Jet Propulsion Laboratory at Pasadena, go a great deal
of thanks for their assistance.

The roving vehicle itself, known as the Mobile Surface Laboratory
(MSL), is a six wheeled vehicle carrying its own power supply, communi-
cations system, and an on-board computer. All six wheels are drive
wheels, each being driven by an ac induction motor. The overall surface
length is about 160 inches (13.3'), the width is 70 inches, the tire
diameter is 40 inches, and it weighs 1900 pounds at liftoff. Four 75
watt Radioisotope Thermionic Generators (RTG) provide the power.

Figure D-i0 is a conceptual view of the MSIL.

This configuration is what A.C. called the 6x6 semiflexible MSL,
since the first four wheels carry the rigid-body laborstory, and the last
two carry the power supply. The forward section is connected to the
rear trailer by flexible hollow rods that are telescoped at 1liftoff.

A full description of this telescopring follows later. A piteh limiter
prevents extreme or dangerous motion of the rear section.

The tires are ten inches wide and not pneumatic, but rather are a
complex of intermeshed wires about the size of piano wire and made of
titanium alloys. Capable of withstanding one earth g, these non-rigid
wheels allow maximum mobility in soft, grannular soils. '

The turning radius of the MSL is 15.2 feet, and both the front and
back two wheels are capable of steering rotations of over 20 degrees.
Torsion bar suspension is provided for all wheels not only for dynamic
loading on the surface, but also for liftoff loading. The main structures
are a titanium-vanadium or titanium-aluminum alloy, and stand 17 inches
off the ground on Mars. It has a top speed of 1.5 km/hr. and a range of
about 100 kilometers.,

The laboratory portion of the MSL maintains communications with the
orbiter (which relays information to Earth) at a rate of 50,000 to
200,000 bits per second via a 36 inch high-gain dish antenna which is the
most prominent member.on the top of the vehicle. Also present is an
atmospheric instrumentation mast capable of composition measurements,
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wind speed and direction determination, and possible a small particle (dust)
sampler, along with a penetrometer for the testing of soil consistency,
elastic modulus, etc., The two large "headlight-like" devices at the

front of the vehicle are actually vidicon TV cameras which can be used

not only for the detection of movement, but also for guidance and
navigation either by earth-controllers or an on-board decision making
computer, Mounted on the front portiong of the MSL is a sample scoop,

much like that on Surveyor. Near it is located a sample gatherer

capable of inhaling soil samples directly to the interior portion of the
1lab, :

The interior laboratory details, although sketchy and not yet fully
designed, would include a gas chromatograph, a mass spectrometer, a
growth chamber to measure metabolism of any bacteria which may be
present, and chemical reagents used in the experiments. An infrared
sensor would be present, along with temperature sensors and a core drill.
The lab may even have storage space for hermitically sealed samples of
virgin soil to be picked up by early human explorers. Electromagnetic
and magnetic flux could be measured with the appropriate instrumentation.
Seismology devices could also be included. The elctronic gear needed for
operation (computer, communications, experiment power, etc.) would also
be stored in the laboratory volume of about 43 cubic feet. Other
apparatus could include an acoustical monitor, UV detectors, and
ray detectors, amino acid and lipid analyzers, macromolecular detectors,
ete, Needless to say, not all of the mentioned volume will be available,
since adeqQuate insulation to keep the interior at 50 degrees Centigrade
must be, and is, provided. The vehicle is also provided with various
sensors capable of detecting obstacles which it may not be able to surpass,
or which may be dangerous to the structure. These sensors may include
radar and infrared radiometers, in conjunction with the T.V. On-board
computers will be programmed to the extent that decisions can be made
as to what action should be taken by the vehicle should an obstacle
interfere with its motion. If the decision cannot be made, the system
would request guidance from earth.

The lander is stowed in approximately the same position as the
Surface Laboratory in Figure D-i1, Figure D-iz shows a more general
geometrical idea of the actual stowage. The flexible portion of the
frame is telescoped "in" such that the rear tires of the front section
touch and even deflect the two trailer wheels. The wheels are not the
supporting members, since liftoff acceleration would exceed their designed
strength. The torsion bars do, however, help absorb the loading on the
frame. : .

The requirement of keeping the lander sterile during flight has
necessitated the use of a "sterilization canister" to contain the landing
system and to biologically insulate it from the rest of the capsule.

This sterilization canister is shown in Figure bD-il. The canister could
conceivably contain a gaseous mixture designed to keep the mechanism
sterile, but since elaborate investigation of this concept is lacking,
no decision has been made regarding its use.

Although the lander and supporting system are mounted in a different
way (see Figure 5-2, Spacecraft Design Summary), Figure D-13 demonstrates
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CAPSULE BUS STAGING SEQUENCE

FORWARD CANISTER
[ SEPARATION
- @ Redundant CESD Severs
Conister Attach Bolts in
Tension '
@ Also Provides Energy
to Separate Canister
@ Separation Velocity
> 125 Ft/Sec

CAPSULE BUS
SEPARATION

e Fire Eight Explosive
Bolts at Adapter/
Capsule Lander Interface

® Operate Pitch and Yaw
Thrust Chambers to
Separate

® Separation Velocity
= 1.25 Ft/Sec.

Figure D-13 .
*Courtesy of McDonnell Astronautics

SPACECRAFT IN.
ORBIT
o Aft Canister Remains
on Spacectaft
@ Adapter Rémains Attach:
-ed to Aft Cong‘. ster.



DEORBIT MOTOR
FIRING -

@ DEORBIT THRUST CUTOFF ' @
o Fire One Explosive Bolts

which Releases Nozzle from
Case

N
Fig. D-13 (cont'd) _
*Courtesy of McDonnell ) DEORBIT MOTOR SEPARATION
Astronautics : o Fire Four Explosive Bolts
' to Release Spent Motor Case
and Upper Support Structure
© Separated by Springs in Each
Strut




CAPSULE BUS STAGING SEQUENCE
(Continved)

PARACHUTE D=PLOYMENT

@ Parachute Deployed by
Catapult Firing Straight
Aft § 100 FT/Sec Deploy
Velocity

o Parachute Disreefed by
Firing Four Pyrotechnic
Actuated Reefing Cutters

AEROSHELL SEPARATION

e Fire Four Explosive

Bolts ot Capsule Lander
Aeroshell Interface

® Sequence at 8.0 Sec
After Parachute
Depioyment

Fig. D-13 (cont'd)
*Courtesy of McDonnell Astronautics



PARACHUTE SEPARATION
e lignite Terminal Propul
System ~ Low Thrust
e lgnition Altitude is
5000 Feet
o After Successful
Ignition, Fire Four
Explosive Bolts
at Base of Lower
Support Structure

#Courtesy of McDonnell
Astronautics

LANDING
® Terminal Propulsion
Terminated ot 10 Feet
o Impact at Vy max = 20 fps
ond Vi max = 10 fps
o Surface Conditions Per
Constraints Document
o Extend Stabilizing Blocks
Released by Single Bolt Cutter
" Spring Actuated, Mechanically Locked

Fig. D-13 (cont'd)

LANDING OPERATION

eCapsule Bus System Shut Down

¢ Surface Laboratory in
Operation — All Equipment
Deployed.



the various features of entry and deployment. Even though the orbiter
bus used is a Voyager type, and the landed equipment is not mobile in the
depicted example, the same procedure (with a few minor exceptions)

is carried out for landing the MSL. The first of these exceptions

is the attitude of the lander after pyrotechnic devices have released
the forward canister and the capsule itself. The capsule, by using
vernier engines mounted on the rim of the aeroshell, will be oriented

in correct retro-fire attitude. After retro-fire, the capsule may
either be flipped into correct entry attitude if its aerodynamic center
is more aft than its center of gravity, or, if this fails, by re-use

of the verniers. The second exception occurs at point 10 of Figure D-13,
where the MSL's front 4 wheels are freed. They pull forward "de-tele-
scoping" the connection rods between the laboratory and trailer, which
are subsequently locked in this position by spring-loaded pins. The

rear wheels are then released and the MSL crawls neatly from the landed
platform without requiring ramps. Once deployed, its sensors and sampling
equipment are ready for use.

During the time of entry the lander may acguire data concerned with
experiments as atmospheric temperature gradient, composition, and radar
location pinpointing. The entire landing sequence is controlled by
radar determined altitude, and the expected time of available experiment-
entry time is four and one half to nine minutes.

The time and position at which the lander is deployed are largely
left to the discretion of the earth controllers. The determination of
the exact position of the injected vehicle (bus + lander) and seasonal
condition of the surface may require the lander to stay aboard from two
days to two weeks. Assuming the Mariner 71 mission to be a success, much
critical information (temperature) sbout the polar caps will be known,
possibly justifying the placement of the rover in a boundary zone between
the famed orange and purple zones of Mars. It could then acquire data
from both of these zones with its high mobility.

The present state-of-the-art leaves several questions to be answered
concerning the ultimate design of the of the lander system. These
include a method of termal control and balance on or near the RTG's.
Much of the steering mechanism in the trailer may have to be shielded
from the four RTG power sources. The RTG's can produce temperatures
of 500 degrees centigrade in these areas.

Much more performance data on vehicle dynamics is needed to complete
the study and, of course, the sterilization problem still looms as the
main obstacle to many designs., The sophistication-reliability tradeoff
is a very significant feature of the on-board computer system, since
it must make decisions regarding path obstacles as well as overseeing
experiments. However, if the lander did not carry a decision meking
system, it would seem that much time would be lost in transmission time
between Mars and Earth when the lander came near an obstacle, which it
will undoubtedly do several times in one move.

’The major philosophy overriding McDonnell's design is one of continued

use of reliable hardware, i.e., the manipulation of Appollo and post-
Appollo hardware into as many systems as possible. This forms the
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basis for a claim of higher reliability, more standarization, and lower
costs. This is probably the outstanding feature of the system, and is
the foundation of its selection.

At this point it may be well to recap the hlstory of the lander
concept with regards to our mission,

One must only recall that the purpose of any space mission is to
provide not only information that is scientifically suggestive, bubt
information that is also conclusive and somewhat redundant., With this
idea in mind, and with a knowledge of our present technology, it is
only natural to consider a lander of some sort on a Mars mission scheduled
a decade from now. To this end, a stationary wvehicle, known as the
Automated Biological Laborstory (ABL) was studied in great detail.
However, as weeks wore on, suddenly the concept of a roving vehicle was
evolved., This arose mainly from the realization that the retro-burn
of any lander would possibly destroy all life that was present in the
near vicinity of the laboratory, thus legving a scientifically sound
decision about life on Mars an impossibility. Since time was somewhat
limited, and these systems possess a great deal of complexity, a system
that was presented in greater detail and which had had more testing to
its name seemed a logical choice, However, this choice is not as
haphazard as it may seem. The General Electric Company had suggested
another system, not as sophisticated nor in such detail. The nain
disadvantage with this lander (as it appeared in early reports) was its
requirement of a hinged platform that could swing 180 degrees to deploy
the vehicle., This of course. adds weight to supporting structures and
increases chances for mechanical failure.

There are also possible future uses for various components of the
chosen system. TFor example, the aft portion of the sterilization
canister could someday feasibly be used as a high gain dish attenna,
since it is of the correct shape and provides no useful purpose once the
lander itself is de-orbited.” A pointing problem, possible overcome with
hinges, is its only limitation.

The inevitable conclusion reached in a study of any landing system
is that in a design of such sophistication and intricacy, the possibility
of failure of part and/or all of the mechanism is a very real problem.
In this design, where the lander plus entry system accounts for TOOO
to 8000 pounds of the 1liftoff payload, the qQuestion of reliability is
especially critical. Yet one need only consider the comparitive worth
of the data returned from the lander and the high resolution camera to
surmise that the information value-to-relisbility quotient is much higher
for the lander system, and hence explains its equal priority rating
with the camera.
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INFRARED SPECTROMETER - ALTERNATE DESIGN

In researching the topic of IR detectors, it was noted that the
diffraction grating was often rotated slightly in order to extend the
wavelength range of the detector. This technique was avoided because
the fast ground-speed of the orbiter would cause the detection of

different portions of the spectral region over different areas of the
planet,

It was also noted that the plane mirror was often pivoted so
that the planetary surface could be scanned, The problem that arises
is that this scanning will decrease the amount of time radiation falls
on the detectors, thus rendering the bolometers ineffective as they
do not have as low a time constant as photodetective material,

In addition, or as an alternative, to the proposed system, which
will operate from the orbiting spacecraft, a similar system might be
incorporated into the proposed lander, weight and spacial limitations
permitting. Such a system will then enable the proposed experiments
to be conducted during the descent phase of the lander.
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